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Horizontal  reference  line 

Inviscid  flow  loss  coefficient 

Unit  vector 

Inside  diameter 

Inlet  total  pressure  recovery 

Ratio  of  length  of  duct  section  to  duct  diameter 
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LIST  OF  ABBREVIATIONS  AND  SYMBOLS  (Continued) 


Symbol 

R 


r 

°R 

SC 

SCPN 

SCSN 

SN 

T 

TLu 

2D 

V 


X 


Y 


y 

z 

z 


a 

aLV 


Description 
Gas  constant  for  air 
Radius 

Degrees  Rankine 

Secondary  canopy 

Secondary  canopy  primary  nose 

Secondary  canopy  secondary  nose 

Secondary  nose 

Temperature 

Table  look  up 

Two  dimensional 

Velocity 

Local  velocity 

Inlet  width 

Longitudinal  distance 

Lateral  distance  from  vertical  centerline  of  fusleage 
Horizontal  distance  in  coordinate  system  of  flow  field 
Vertical  distance  from  reference  horizontal  plane 
Vertical  distance  in  coordinate  system  of  flow  field 
Angle  of  attack 

Angle  of  attack  of  the  local  flow  relative  to  the  vehicle 
centerline 
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Symbol 

M 

m 


m 


bl 


M, 


m 


M.C. 


m/m 

03 

m/m* 


mbi/m. 

N 

nDi 

N/A 

P 

PC 

PCPN 

PCSN 

PN 


psi 

AP 


F/P 


PA 


Description 

Mach  number 
Inlet  mass  flow 
Inlet  throat  bleed  mass  flow 
Local  Mach  number 
Ideal  inlet  mass  flow 
Method  of  Characteristics 
Inlet  mass  flow  ratio 

Inlet  mass  flow  divided  by  inlet  mass  flow 
at  Mach  number  =  1.0 

Bleed  mass  flow  ratio 

Number  of  shocks  in  inlet  system  design 

Steady  state  engine  face  distortion 

Not  available 

Static  pressure 

Primary  canopy 

Primary  canopy  primary  nose 

Primary  canopy  secondary 

Primary  nose 

Pounds  per  square  inch 

Pressure  differential 

Static  Pressure  ratio 

Total  pressure  recovery 

Dynamic  pressure 
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LIST  OF  ABBREVIATIONS  AND  SYMBOLS  (Continued) 


Symbol 

8 

y 

A 


UC! 

®C2 

6* 


V 

^av 

% 

0 


P 

P 


cr 

<t> 

0 

0 


Description  *"* 

Angle  of  yaw 

Ratio  of  specific  heats 

Average  ratio  of  specific  heats 

Angle  defined  by  the  oblique  line  between  the  fuselage 
tangency  points  and  the  base  of  the  fuselage 

Deflection  angle 

Initial  deflection  angle 

Second  deflection  angle 

Initial  cone  half  angle 

Second  cone  half  angle 

Boundary  layer  displacement  thickness 

Downwash  angle 

Nose  angle  of  incidence 

Average  total  pressure  recovery 

Total  pressure  recovery 

Oblique  shock  wave  angle 

Radial  plane,  or  cutting  plane  angle 

Density,  or  angle  encompassing  the  tangency  points 
of  the  body  whose  apex  is  the  vehicle  nose  in  Section  VII 

Sidewash  angle 

Flow  deflection  angle 

Flow  deflection  in  zero  radial  plane 

Flow  deflection  in  fx  radial  plane 
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LIST  OF  ABBREVIATIONS  AND  SYMBOLS  (Continued) 


Description 
Total  deviation  factor 


Subscripts 

Stagnation  conditions 

Station  in  front  of  pitot  shock  in  Section  IV; 
station  behind  oblique  shock  in  Section  V 

Station  behind  pitot  shock  in  Section  IV; 
station  at  diffuser  exit  in  Section  V 

Inlet  station  behind  terminal  shock  in 
N  =  3  shock  system 

. .  19  Orifice  position  in  engine  face  rake 
Average 
Bleed 

Cowl  lip  station 
Cavity 

Diffuser  entrance 
Flow  meter 
Static 
Total 

At  angle  of  attack 

In  radial  plane  (24°,  0#,  -30°,  -60°,  -90‘  t 
Free  stream 
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SECTION  I 
INTRODUCTION 


The  program  reported  on  in  this  document  was  directed  toward  improving  current 
understanding  of  the  interaction  between  the  air  induction  systems  and  the  airframes  of 
supersonic  tactical  fighters.  Efforts  such  as  these  are  essential,  not  only  to  the 
improvement  of  overall  aircraft  system  performance,  but  also  to  give  meaning  to 
system  tradeoff  studies  and  confidence  in  their  results.  As  in  the  chain  and  weak 
link  argument,  the  value  of  a  system  trade-off  study  is  limited  by  the  accuracy  with 
which  any  single  important  element  has  been  described.  In  the  present  context,  a 
fighter  aircraft  system  trade  study  would  be  of  dubious  value  if,  for  example,  a 
significant  airframe  flow  field  characteristic  in  the  region  of  proposed  inlet  place¬ 
ment  were  to  be  grossly  miscalculated,  or,  in  the  extreme  case,  completely  ignored! 
Of  the  numerous  factors  that  enter  into  the  selection  of  inlet  type  and  location  on  inte¬ 
grated  configurations,  the  proposed  study  focused  mainly  on  the  flow  environment 
(and  its  effect  on  inlet  performance),  produced  by  representative  supersonic  tactical 
fighter  aircraft  at  points  within  their  maneuvering  envelopes.  The  modeLs  and  tests 
were  designed  to  produce  an  extremely  wide  range  of  parametric  airframe  flow 
field  and  inlet  performance  data  within  a  reasonable  tunnel  occupancy  time.  In  this 
connection,  emphasis  on  versatility  and  economy  yielded  a  building  block  model 
design  concept  of  low  cost  capable  of  representing  many  realistic  aircraft  configura¬ 
tions.  Therefore,  the  experimental  results  provide  a  large  bank  of  parametric, 
systems  oriented  data. 
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SECTION  n 
SUMMARY 


The  objective  of  the  contracted  program  was  to  conduct  a  systematic  investi¬ 
gation  designed  to  yield  a  basic  understanding  of  the  effects  of  airframe-inlet  inter¬ 
action  on  the  performance  potential  of  inlet  designs  associated  with  supersonic  air- 
breathing  tactical  fighter  aircraft.  To  accomplish  this  objective,  a  program  com¬ 
prised  of  four  major  tasks  was  formulated. 

First,  pertinent  design  characteristics  of  tactical  fighter  aircraft  configurations, 
as  they  relate  to  the  problems  of  airframe -inlet  interaction,  were  studied  in  a  compre¬ 
hensive  systems  review  of  the  century-series  tactical  fighter  aircraft.  This  survey 
led  to  the  definition  of  realistic  aircraft  component  geometry.  Based  upon  this 
statistically  derived  information,  several  vehicle  configurations  were  designed.  These 
configurations  were  then  refined  to  satisfy  aerodynamic  and  subsystem  requirements. 
From  among  tne  competitive  designs,  seven  were  selected  for  wind  tunnel  model 
design  and  test.  The  criteria  employed  in  this  selection  process  insured  that  a  large 
amount  of  generalized  data  would  be  gathered. 

Second,  simple  analyses  of  aircraft  flow  fields  and  performance  estimates  for 
two  inlet  designs  were  made  for  anticipated  wind-tunnel  freestream  flow  conditions. 
Estimates  of  flow  field  properties  were  made  using  readily  available  analytical 
techniques .  Simple  performance  analyses  of  the  inlet  designs  were  accomplished 
using  standard  techniques  to  account  for  major  losses  in  the  system. 

Third,  an  experimental  program  was  conducted  to  investigate  inlet  flow  fields 
and  the  gross  effects  of  upstream  flow  field  nonunifurmities  and  viscous  interaction  on 
inlet  performance  and  flow  distortion.  The  experimental  program  was  comprised  of 
three  phases  designed  to  provide  thorough  testing  of  the  forebody  variations  alone  so  that 
better  understanding  of  inlet  flow  fields  was  gained,  tests  of  the  inlets  alone  so  that  a 
basic  performance  level  for  each  inlet  could  be  established,  and  tests  of  a  large  number 
of  combined  flight  vehicle,  (forebody-inlet),  configurations  so  that  the  sensitivity  of 
inlet  performance  to  flow  field  nonuniformities  generated  by  the  airframe  could  be 
determined  together  with  the  degree  of  "protection"  afforded  by  the  airframe. 
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Fourth,  all  data  obtained  was  analyzed  and  correlated  so  that  some  of  the  basic 
effects  of  airframe  design  on  inlet  flow  field  environment  as  influenced  by  its  location 
can  be  determined.  Conclusions  were  drawn  regarding  inlet-airframe  designs  and  the 
types  of  inlet  flow  field  nonuniformities  associated  with  typical  airframe  design  features. 
Forward  of  the  wing  the  flow  field  composition  was  influenced  primarily  by  fuselage 
corner  geometry.  Aft  of  the  wing  leading  edge,  the  wing  dictated  flow  field  composition. 

The  techniques  employed  for  analyzing  the  flow  field  characteristics  and  for 
predicting  the  resultant  impact  upon  performance  were  reviewed  and  empirically  re¬ 
fined  to  a  level  of  accuracy  consistent  with  preliminary  design  work. 
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SECTION  HI 

SYSTEMS  REVIEW  AND  DESIGN  SELECTION 
3.0  Introduction 

The  primary  objective  of  the  systems  review  task  was  to  provide  a  broad 
statistical  base  of  airframe  geometry  variations  based  on  flying  hardware  and  future 
systems  designs,  to  incorporate  this  statistical  information  into  the  synthesis  of 
several  realistic  airframe  designs  and  to  select  those  configurations  best  suited 
to  a  generalized  flow  field  study. 

The  statistical  information  was  generated,  in  part,  by  a  review  of  the  concep¬ 
tual  approaches  that  have  been  employed  in  the  design  of  aircraft  in  the  tactical  class. 
Thirty  nine  present  day  and  near  term  future  aircraft  were  surveyed  during  this  study, 
including  both  domestic  and  foreign  configurations.  A  majority  of  the  aircraft  sampled 
are  or  have  been  operational  aircraft.  Ten  configurations  are  considered  representa¬ 
tive  of  advanced  aircraft  such  as  the  F-15.  Line  drawings  of  all  thirty  nine  aircraft 
employed  for  the  survey  task  are  shown  in  appendix  A.  The  geometric  characteristics 
of  the  aircraft  fuselage,  inlet,  nose,  canopy,  and  wing  were  cataloged,  as  were  the 
arrangement  of  these  components  with  relation  to  each  other.  This  geometric  informa¬ 
tion  was  then  used  to  analyze  the  operational  characteristics  of  each  system.  For 
example,  good  angle-of-'attack  performance  can  be  predicted  for  a  two-dimensional- 
horizontal-wedge,  side-mounted  inlet  system.  Based  upon  the  information  gathered 
during  this  review,  the  advantages  and  disadvantages  of  each  general  design  type 
were  delineated. 

Chronologically,  the  review  studied  recent  aircraft  first,  and  advanced  designs 
second.  The  introduction  of  time  as  a  classification  parameter  was  critical 
to  the  success  of  the  systems  review.  This  was  due  to  the  change  in  vehicle  require¬ 
ments  (materials,  structures,  armament,  electronics,  etc. )  and  inlet  requirements 
(sophistication,  distortion,  engine  concepts,  etc.)  that  have  evolved  as  a  result  of 
technological  advances  and  increased-Mach-number  capability.  As  a  result  of  these 
requirement  shifts,  the  relative  importance  of  the  inlet  design  to  the  overall  design 
has  increased  markedly.  The  prevalent  design  practice  of  the  1950's,  where  an  inlet 
was  designed  after  the  vehicle  was  conceptually  fixed,  is  no  longer  acceptable.  This 
trend  in  inlet  influence  upon  the  overall  design  is  clearly  a  function  of  time.  The 
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reason  for  using  two  categories  (recent  and  advanced)  in  the  study  lies  in  the  fact  that 
recent  experience  has  highlighted  problems  in  the  design  process  associated  with  engine- 
inlet  compatibility.  The  result  has  been  an  increase  in  the  influence  of  the  inlet  design 
upon  overall  vehicle  design.  Some  design  practices  have  been  altered  making  direct 
comparison  with  older  designs  difficult. 

To  this  point  the  recommended  selections  were  derived  primarily  from  a 
knowledge  of  existing  and  projected  technology  plus  an  examination  of  the  geometric 
characteristics  of  the  systems  review  aircraft  designs.  Next,  the  aircraft  configurations 
resulting  from  the  integration  of  the  selected  components  into  a  complete  system 
were  examined.  The  independently  derived  components  were  refined  to  reflect  their 
installation  in  a  system  and  the  practicality  of  the  resultant  aircraft  was  assessed. 
Although  a  strong  systems  orientation  was  employed,  with  respect  to  the  configura¬ 
tion  designs,  it  was  necessai  j  to  temper  this  approach  sufficiently  to  produce  con¬ 
figuration  geometries  of  interest  from  a  general  point  of  view.  By  this  it  is  meant 
that  the  geometries  and  data  had  to  be  general  enough  to  permit  their  use  in  a 
preliminary  design  study,  either  directly,  by  interpolation  between  similar  con¬ 
figurations,  or  by  a  small  extrapolation  beyond  one  similar  configuration. 

Another  objective  of  the  program  was  to  obtain  experimental  data  that  could 
be  used  to  gain  some  insight  into  the  effect  of  model  scale  upon  ground  test  results, 
and  the  variation  between  ground  test  and  flight  test  results.  Several  U.S.  Air  Force 
programs  with  similar  objectives  and  model  geometries  were  found  to  exist  and  an 
attempt  to  achieve  commonality  with  these  programs  was  made. 

3.1  Definition  of  Geometric  Parameters 

In  order  to  provide  systematic  documentation  of  the  geometric  character¬ 
istics  of  each  major  aircraft  component,  i.e.,  nose,  canopy,  fuselage,  wing,  and 
inlet  for  each  of  the  aircraft  studied,  a  series  of  descriptive  parameters  were 
selected.  These  data  served  to  establish  the  degree  of  geometric  similarity  from 
aircraft  to  aircraft.  The  parameters  also  helped  identify  particularly  large 
geometric  differences  among  the  surveyed  aircraft.  Technical  and  operational 
characteristics  were  employed  to  assess  the  significance  of  these  differences. 
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These  geometric  parameters  are  defined  in  the  following  subparagraphs  and  are 
graphically  illustrated  in  Figures  3-1  and  3-2. 

Aircraft  Nose 

•  Fineness  Ratio  =  the  length  of  the  nose  cone  to  the  rauome, 

divided  by  the  diameter  of  the  nose  cone  at  the  radome 

station  =  L  /D  , 

nose  radome 

•  Initial  Included  Angle  =  the  included  angle  of  the  aircraft 
nose  cone  j. 

•  Equivalent  Included  Angle  =  the  included  angle 
measured  from  the  nose  cone  tip  to  a  rounded  radome 
periphery  = 

•  Nose  Droop  =  the  angle  of  nose  droop  measured  with 
respect  to  the  horizontal  reference  line  =^D 

Aircraft  Canopy 

•  Fineness  Ratio  =  the  ratio  of  canopy  length  to 

canopy  height  measured  along  and  perpendicular 

to  a  canopy  reference  shoulder  line  =  L  /H 

canopy  canopy 

•  Canopy /Fuselage  Size  Factor  =  maximum  canopy  frontal  area 
divided  by  maximum  forebody  frontal  area  =  Area  B/Area  C 

•  Canopy/inlet  Size  Factor  =  maximum  canopy  frontal  area 
divided  by  the  total  inlet  capture  area  =  Area  B/2X  (Area  D) 


r 
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•  Longitudinal  Location  =  the  ratio  of  canopy  leading  edge  station 
to  the  inlet  cowl  station  =  Canopy  Station /inlet  Station 

•  Circumferential  Location  Angle  =  the  included  angle 
containing  the  canopy  as  measured  radially  from  the 
fuselage  centerline  = 


Fuselage  Geometric  Parameters  at  Inlet  Station 


•  Fineness  Ratio  =  the  ratio  of  aircraft  length  to  maximum  equivalent 
diameter  -  Total  Aircraft  Length/Max.  Equivalent  Dia. 

•  Aspect  Ratio  =  fuselage  height  to  the  canopy  reference  shoulder  line 
divided  by  fuselage  width,  measured  along  the  vertical  and  horizontal 
centerlines  =  Hp/2X  Wg 

•  Size  Factor  =  the  fuselage  cross-sectional  area  below  the  canopy 
reference  shoulder  line  divided  by  the  radome  cross-sectional  area 
=  2X  (Area  E)/Area  A 

•  Local  Aspect  Ratio  =  the  ratio  of  fuselage  height  to  fuselage  width 
measured  along  the  vertical  centerline  and  the  horizontal  reference 
line  of  the  fuselage  lower  quadrant  =  H/W 

•  Shape  Factor  =  the  fuselage  cross-sectional  area  of  a  lower 
quadrant  bounded  by  a  fuselage  vertical  centerline  and  the  horizontal 
reference  line  divided  by  the  cross-sectional  area  possible  if  the  corner 
radius  were  eliminated  =  Area  F/H  x  W 
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Figure  3-1.  Schematic-Definition  of  Nose,  Canopy  and  Fuselage  Geometric  Parameters 


Figure  3-2.  Schematic-Definition  of  Wing  Geometric  Parameters 
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•  Width  Factor  =  the  half-width  of  the  fuselage  lower  surface , 
measured  from  the  fuselage  vertical  centerline  to  the  tangent 
point  of  the  corner  radius,  divided  by  the  width  possible  if  the 
corner  radius  were  eliminated  =  w/W 

•  Height  Factor  =  the  height  of  the  fuselage  side  from  fuselage 
horizontal  reference  line  to  the  tangent  point  of  the  corner  radius, 
divided  by  the  height  possible  if  the  corner  radius  were  eliminated 
=  h/H 

Wing  Geometric  Parameters 

•  Longitudinal  Location  =  the  station  at  the  wing/fuselage  juncture 
divided  by  the  aircraft  length  =  Station  at  Wing /Fuselage 
Juncture /Total  Aircraft  Length 

•  Circumferential  Location  Angle  =  the  circumferential  angle  of 
the  wing/fuselage  juncture,  as  measured  from  the  fuselage  center- 
line  ,  with  respect  to  the  vertical  =  ^W 

Inlet  Geometric  Parameters 

•  Fineness  Ratio  =  the  ratio  of  subsonic  diffuser  length  to  engine 
face  diameter  =  L/D 

•  Size  Factor  =  the  ratio  of  the  total  inlet  capture  area  to  the 

fuselage  forebody  maximum  frontal  area  =  2X  (Area  D)/Area  C 

» 

•  Aspect  Ratio  =  the  ratio  of  inlet  height  to  inlet  width  =  Hj/Wj 

•  Longitudinal  Location  =  the  ratio  of  the  inlet  cowl  station  to  the 
aircraft  length  =  Inlet  Station /Aircraft  Length 

•  Radial  Location  =  the  offset  of  the  inlet  centerline  from  the 
fuselage  vertical  centerline  divided  by  the  fuselage  half-width 
=  Yj/Wf 
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•  Circumferential  Location  Angle  =  the  included  angle  containing 
the  inlet  as  measured  circumferentially  from  the  fuselage  center- 
iine 

•  Clearance  =  the  height  above  the  ground  line  of  the  inlet 
lower  lip 

3.2  Aircraft  Nose  Characteristics 

The  geometry  of  the  aircraft  nose  evolves  primarily  as  a  function  of  the  air¬ 
craft  mission  requirements  as  they  relate  to  flight  envelope,  inlet-powerplant  inte¬ 
gration,  and  pilot  visibility.  In  addition,  the  type  and  level  of  avionics  employed  has 
a  strong  influence  upon  the  nose  geometric  characteristics  selected. 

The  survey  produced  three  general  conclusions;  the  inclusion  of  some  nose 
droop  is  desirable,  nose  diameter  will  not  vary  from  present  day  configurations  even 
though  increased  avionics  miniaturization  is  anticipated,  and  ogival  nose  sections  are 
preferable  to  conical  nose  sections.  Further,  the  nose  geometric  characteristics  do 
not  exhibit  a  trend  of  nose  shape  or  fineness  ratio  with  Mach  number  or  time  period. 
The  nose  geometric  characteristics  for  all  aircraft  surveyed  are  summarized  in 
appendix  A . 

In  an  attempt  to  be  independent  oi  the  numerous  factors  that  influence  the 
shape  of  th-j  nose,  the  parameter  of  equivalent  included  angle,  defined  as  the  included 
angle  measured  from  the  nose  cone  tip  to  the  radome  periphery,  was  used.  The 
equivalent  included  angle  with  the  nose  cone  fineness  ratio  of  all  the  aircraft 
in  the  Systems  Review  is  shown  in  Figure  3-3.  The  line  superimposed  is  the  theo¬ 
retical  relationship  between  equivalent  included  angle  and  nose  cone  fineness  ratio. 
The  data  point  deviations  from  this  line  indicate  the  degree  of  accuracy  in  the  mea¬ 
surement  taken  from  the  extremely  small  three  view  drawings  available.  However, 
this  accuracy  is  deemed  adequate  to  provide  t..e  basis  required  to  support  design 
selection. 

From  an  aerodynamic  viewpoint,  increasing  Mach  number  requires  the  utiliza¬ 
tion  of  increasingly  larger  nose  cone  fineness  ratio  and  smaller  equivalent  included 
angles.  In  addition,  experience  has  shown  that  an  increase  in  design  Mach  number 
usually  requires  a  higher  level  of  avionics  performance.  However,  advances  in 
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avionics  miniaturization  during  this  period  of  increasing  flight  speed  has  permitted 
the  attainment  of  both  requirements.  For  example,  among  the  numerous  modifica¬ 
tions  made  between  the  F-4C  and  the  F-4E  aircraft,  the  equivalent  nose  cone  included 
angle  was  reduced  from  approximate!"  35°  to  26°  with  an  attendant  37%  increase  in 
fineness  ratio.  Another  illustration  is  a  comparison  of  three  European  aircraft 
(Draken,  Viggen,  and  Jaguar)  with  similar  mission  requirements  but  differing  in 
the  time  period  of  development,  therefore,  implying  a  difference  in  avionics  level. 
Among  these  three  aircraft,  the  newest  weapon  system  is  the  joint  British /French 
Jaguar  with  a  nose  cone  fineness  ratio  34%  higher  than  the  Viggen  and  17.5%  higher 
than  the  Draken. 

For  the  Advanced  Aircraft,  such  as  the  ten  FX  configurations,  the  nose  cone 
finen'ss  ratio  varied  between  a  high  of  3.045  to  a  low  of  1.910.  One  possible  expla¬ 
nation  for  this  is  a  variation  in  avionics  level  and  the  subsequent  variation  in  size  of 
the  radar  installations .  Statistically,  a  majoritv  of  the  configurations  showed  a  nose 
cone  fineness  ratio  exceeding  2.409.- 

Fuselage  nose  droop  is  shown  in  Figure  3-4  as  a  function  of  canopy  fineness 
ratio.  The  figure  shows  a  variation  between  0  and  10.5°  droop.  Among  the  aircraft 
surveyed,  excluding  aircraft  with  nose  inlet,  79%  used  some  degree  of  nose  droop, 

.jut  a  particular  trend  is  not  evident.  However  from  available  data,  the  average 
drcop  angle  is  approximately  3.5°  fur  the  recent  and  foreign  aircraft,  and  6.0°  for 
the  advanced  aircraft. 

Based  upon  the  Systems  Review,  two  nose  configurations  were  selected  so  that 
the  effect,  of  geometry  variation  could  be  evaluated.  Where  a  clear  trend  existed,  as 
in  Figure  3-3,  the  parameters  were  selected  to  encompass  the  variation  postulated  for 
aircraft  of  lhe  advanced  class.  The  absence  of  a  clear  trend,  as  in  Figure  3-4,  neces¬ 
sitated  thai.  the  centroid  of  advanced  aircraft  data  points  be  employed  as  the  basis  of 
selection.  The  selected  configurations  are  summarized  below. 

Selection  No.  1  -  Primary 

Nose  Cone  Equivalent  Included  Angle  =  22° 

Nose  Cone  Initial  Included  Angle  =  30° 

Nose  Cone  Fineness  Ratio  =  2,56 
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Nose  Droop  Angle  =5.0 

Radome  Maximum  Diameter  =  40.0" 

Nose  Cone  Shape  -  Ogival 

Selection  No.  2  -  Alternate 

Nose  Cone  Equivalent  Included  Angle  =  18° 

Nose  Cone  Initial  Included  Angle  =  24° 

Nose  Cone  Fineness  Ratio  =  3.14 
Nose  Droop  Angle  =  7.5° 

Radome  Maximum  Diameter  =  35 . 0" 

Nose  Cone  Shape  -  Ogival 

Selection  No  1  is  judged  to  be  representative  of  near  term  aircraft,  and 
Selection  No .  2  represents  the  expected  future  requirement  of  higher  speed  project¬ 
ing  the  state-of-the-art  in  avionics  miniaturization.  The  nose  droop  angles  of  5.0° 
and  7.5°,  though  higher  than  the  numerical  averages,  are  more  representative  of 
actual  and  proposed  aircraft.  The  nose  cone  initial  included  angle  of  supersonic 
aircraft  have  been  found  to  vary  between  approximately  1.0  and  1.35  times  the 
equivalent  included  angle.  Therefore,  to  remain  consistent  with  design  practices, 
this  rule-of-thumb  for  the  initial  included  angle  was  used .  The  radome  maximum 
diameter  of  Selection  No.  1  corresponds  to  the  FX  Avionics  Level  3  enclosing  a  34" 
swing-dish  radar  of  a  36"  fixed  array  radar.  For  Selection  2,  the  maximum  radome 
diameter  of  35"  is  projected  for  future  advanced  systems. 

3.3  Aircraft  Canopy  Characteristics 

The  canopy  configuration  evolves  as  a  function  of  the  equipment  to  be  installed 
in  the  cockpit,  the  number  of  seats  and  their  arrangement  (whether  tandem  or  side-by- 
side),  the  height  of  seats  dictated  by  a  glass  piercing  provision,  the  mission  require¬ 
ments,  such  as  low  altitude  high  speed,  or  a  zero  speed-zero  altitude  ejection  capsule 
which  may  require  a  weightier,  more  sophisticated  mechanism. 

Present  HIAD  cockpit  design  limits  specify  an  8-inch  minimum  head-clearance 
centered  at  the  pilot's  eye,  which  is  the  height  of  the  normal  horizontal  vision  line. 

A  20-inch  clearance  must  be  maintained  in  front  of  this  focal  point  which  is  required 
for  the  30-inch  minimum  cockpit  opening  for  the  ejection  seat,  and  which  in  turn 
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predicts  the  edge  of  the  windshield.  For  supersonic  vehicles  the  windshield  should 
be  inclined  less  than  20  degrees  from  the  normal  horizontal  reference  line  in  order 
to  minimize  vision  distortion.  Higher  angles  of  inclination  can  be  employed  but  are 
usually  accompanied  by  an  increase  in  frontal  area  and  drag.  Acceptance  of  this  in¬ 
creased  drag  would  result  from  the  necessity  to  satisfy  some  other  essential  mission 
requirement.  Canopies  are  usually  designed  with  circular  sections  to  minimize  the 
structural  weight  penalties  due  to  pressure  loading. 

The  canopy  geometric  characteristics  of  the  aircraft  in  the  Systems  Review 
showed  a  wide  divergence  in  fineness  ratio  and  the  fuselage  size  factor.  The  size 
factor  is  defined  as  the  maximum  canopy  frontal  area  divided  by  fuselage  forebody 
frontal  area.  The  canopy  geometric  characteristics  for  the  Recent,  Foreign,  and 
Advanced  aircraft  are  summarized  in  appendix  A. 

As  shown  in  Figure  3-5  the  canopy /fuselage  size  factors  of  the  aircraft  in  the 
Systems  Review  were  generally  found  to  vary  between  0.150  to  0.300.  Notable  ex¬ 
ceptions  are  the  F-lll  with  side-by-side  seating,  the  F-5B  with  an  exceptionally 
large  canopy,  and  the  Jaguar  with  STOL  performance.  The  Russian  aircraft  in  the 
review  employed  canopies  much  smaller  than  the  average,  generally  with  fuselage 
size  factors  below  0. 150. 

Usefulness  of  the  inlet  size  factor,  defined  as  the  maximum  canopy  frontal 
area  divided  by  the  inlet  capture  area,  at  best,  is  limited.  The  large  scatter 
is  primarily  due  to  the  difference  in  power  plants  and  sizing  conditions,  and 
therefore  results  in  the  various  levels  of  aircraft  thrust  loadings.  However 
scatter  is  compressed  considerably  for  the  ten  FX  configurations  where  the  mission 
is  common  and  the  sizing  conditions  are  most  probably  coincident.  In  this  case,  the 
average  inlet  size  factor  is  0.526  with  a  majority  of  the  configurations  close  to  the 
mean.  This  factor  will  provide  a  gross  weighting  effect  of  the  canopy  size  potentially 
influencing  the  flow  field  environment  for  the  inlet,  particularly  at  aircraft  transient 
conditions.  Tne  commonality  of  the  inlet  sizes  for  the  FX  configurations  is  discussed 
further  in  paragraph  3.6. 

Close  examination  of  the  canopy  fineness  ratio  parameter  when  applied  to  air¬ 
craft  categorized  in  terms  of  design  Mach  number,  indicated  within  the  accuracy  of 
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available  data,  a  trend  toward  increased  canopy  fineness  ratio  with  higher  design 
speed.  This  is  perhaps  best  illustrated  by  comparing  the  F-102  and  F-106  aircraft 
with  canopy  fineness  ratios  of  8.73  and  11.93,  respectively..  Among  the  Advanced 
aircraft  group,  excluding  the  contoured  wing  /body  configurations  (YF-12  and  FX-C), 
the  average  canopy  fineness  ratio  is  10.00  with  a  high  of  11.00  and  a  low  of  8.15. 

The  design  and  selection  of  the  windshield  must  satisfy  numerous  constraints, 
such  as  (1)  minimum  visibility  distortion,  (2)  adequate  thermal  loading  capability  for 
the  design  Mach  number.  (3)  low  drag,  and  (4)  provision  of  forward  view  for  the  wea¬ 
pons  control  system  (gunsight.  depressible  reticle,  etc.).  The  Review  showed  that 
70%  of  the  aircraft  selected  a  flat  center  panel  for  the  windshield.  The  XF-103  and 
FX-C  were  eliminated  from  this  analysis  due  to  the  absence  of  a  canopy  and  insufficient 
data  respectively.  The  triangular  type  windshield  appeared  to  have  limited  application 
restricted  to  interceptors  such  as  the  F-102,  F-106,  YF-12,  the  French  Mirage  IVA, 
and  the  Russian  Fiddler.  The  limited  forward  visibility  of  this  type  of  windshield 
limits  its  usage.  The  F-lll,  due  to  its  side-by-side  seating,  utilized  a  rounded 
two-piece  windshield.  In  this  particular  case,  the  wide  cockpit  probably  eliminated 
the  flat  center  windshield  design  on  the  basis  of  drag  and  high  thermal  loading. 

The  longitudinal  location  of  the  cockpit  is  generally  midway  between  the  fuse¬ 
lage  nose  and  the  inlet,  station.  The  only  exception  of  all  the  aircraft  in  the  Systems 
Review  is  the  F-102  with  a  long  subsonic  diffuser,  (fineness  ratio  =  10. 10) <  A  com¬ 
parison  made  of  '.he  average  canopy  location  between  the  Recent  and  Advanced  aircraft 
group  showed  only  a  slight  difference,  i.  e. .  45$  to  42%  of  the  inlet  location.  However, 
if  the  contoured  wing/body  configurations  were  eliminated  from  the  Advanced  group, 
the  canopy  is  then  located  closer  to  the  inlet  at  50% . 

Based  on  the  Systems  Review,  the  following  canopy  geometric  characteristics 
were  selected. 

Selection  No.  1  -  Primary 

Canopy  Fineness  Ratio  =  9.0 

Canopy /Fuselage  Size  Factor  =  0.275 

Longitudinal  Location  =  0.500 

Flat  Center  Panel  Windshield 
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Selection  No.  2  -  Alternate 

Canopy  Fineness  Ratio  =  10.  5 

Canopy/Fuselage  Size  Factor  =  0.  218 

Longitudinal  Location  =  0.450 

Flat  Center  Panel  Windshield 

The  design  of  the  canopy  for  both  selections  conform  to  the  HIAD  and  good 
design  practice  in  terms  of  visibility  and  pilot  clearance  requirements. 

Selection  No.  1  is  judged  to  be  representative  of  near  term  aircraft,  and 
Selection  No.  2  represents  the  expected  future  requirement  of  higher  speed  therefore 
requiring  a  higher  overall  fineness  ratio.  A  reduction  in  canopy /fuselage  size  factor, 
as  the  fineness  ratio  is  increased,  is  anticipated  as  the  expected  trend.  This  is  due 
to  an  increase  in  overall  aircraft  fineness  ratio  and  the  reduction  of  radome  maxi¬ 
mum  diameter  projected  to  meet  the  expected  future  performance  requirements. 

The  canopy  longitudinal  location  of  Selection  No.  1  is  representative  of  the  advanced 
configurations,  whereas  Selection  No.  2  location  is  the  expected  requirement  for  the 
small  fuselage  nose  cone  equivalent  included  angle  selected  in  paragraph  3.  2. 

3.  4  Aircraft  Fuselage  Characteristics 

The  fuselage  configuration  evolves  mainly  from  the  mission  dictated  volume 
requirements  for  fuel,  stores  and  equipment,  powerplant,  and  structural  frame  depth. 

The  degree  of  airframe-powerplant  integration  has  an  important  effect  upon 
fuselage  design,  as  does  the  number  of  engines  employed.  Present  thinking  appears 
to  favor  the  highly  integrated  approach  with  the  engines  buried  within  the  fuselage 
to  reduce  frontal  area  and  wave  drag.  However,  this  approach  involves  more  ex¬ 
tensive  inlet  development  because  of  the  influence  of  fuselage  flow  field  upon  inlet 
performance.  In  addition,  a  performance  penalty  is  usually  expected  due  to  the  con¬ 
toured  internal  ducting  required  in  this  approach.  As  the  degree  of  integration  is 
reduced  the  internal  ducting  can  be  shortened  and  straightened.  This  approach 
usually  entails  a  trade-off  involving  drag  and  weight  to  optimize  the  configuration. 

The  other  extreme  in  integration  is  to  hang  the  engines  under  the  wing  in  nacelles. 
This  approach  increases  frontal  area;  however,  the  hoped  for  trade  is  a  better 
lift  to  drag  ratio  and  a  favorable  interference  pattern,  resulting  in  a  better 
aerodynamic  configuration.  The  improved  aerodynamics  coupled  with  short,  straight 
ducting  to  the  engines,  may  yield  a  better  overall  design. 
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As  the  demand  for  higher  performance  increases,  interaction  effects  between 
wing,  powerplant,  and  payload  begin  to  dominate  the  design.  As  the  airframe  and 
powerplant  are  more  closely  merged,  conclusions  from  parametric  studies  must  be 
derived  on  the  basis  of  integrated  performance,  for  the  conclusions  based  on  in¬ 
dividual  components  may  become  erroneous  when  other  elements  are  introduced. 

The  fuselage  geometric  characteristics  in  the  vicinity  of  the  inlet  station  are 
of  particular  concern  due  to  the  attendant  flow  field  environment  generated,  and  the 
resultant  influence  on  inlet  performance.  Operational  statistics  have  illustrated 
some  favorable  effects  of  fuselage  shielding  for  side  mounted  inlets  during  certain 
maneuvering  conditions.  On  the  other  hand,  the  nonuniform  flow  field  environment 
generated  by  the  fuselage,  particularly  at  angles  of  attack,  has  produced  serious 
inlet/engine  compatibility  problems.  This  adverse  flow  field  has  directly  affected 
inlet  performance,  varying  from  slight  thrust  losses,  or  restrictions  on  engine 
transients,  to  a  complete  compressor  stall.  Therefore,  the  Systems  Review  on 
fuselage  shapes  was  concentrated  at  the  inlet  station,  and  was  divided  into  two 
categories:  (1)  aspect  ratio  and  size  of  the  fuselage  cross-section  up  to  the  canopy 
reference  shoulder  line,  and  (2)  shape  of  the  fuselage  lower  corner.  A  summary  of 
the  fuselage  geometric  characteristics  for  the  thirty  nine  (39)  aircraft  in  the  Systems 
Review  is  presented  in  appendix  A. 

The  fuselage  aspect  ratio  at  the  inlet  station  was  found  to  vary  considerably, 
from  a  low  of  0.244  to  a  high  of  1.730.  This  large  variation  is  reasonable  when  we 
consider  the  many  aircraft  types,  single  or  dual  engines  buried  or  semi-submerged 
in  the  fuselage,  volumetric  allowances  for  fuel-stores-avionics,  performance, 
and  etc.  By  eliminating  aircraft  with  an  aspect  ratio  ''1.0,  which  usually  signifies 
that  it  is  a  wing/body  configuration,  a  general  trend  is  indicated  by  comparing  the 
Recent  and  Foreign  Aircraft  Group  with  the  Advanced  Aircraft  Group.  Of  the  seven¬ 
teen  aircraft  in  the  Recent  and  Foreign  Group,  the  average  aspect  ratio  is  1.30  as 
compared  to  the  ten  aircraft  in  the  Advanced  Group  with  an  average  aspect  ratio  of 
1.14.  The  major  reason  for  the  difference  is  due  to  the  higher  design  Mach  number 
of  the  aircraft  in  the  Advanced  Group,  thereby  requiring  a  higher  overall  fuselage 
fineness  ratio.  Consequently,  a  reduction  of  fuselage  aspect  ratio  with  increasing 
design  Mach  number  appeared  to  be  the  design  practice  required  to  satisfy  perform¬ 
ance  considerations. 
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FUSELAGE  SECTION- LOWER  QUADRANT  AT 
INLET  STATION 

ASPECT  RATIO  -  ” 

SHAPE  FACTOR  =  — 

H  x  W 

WIDTH  FACTOR  = 

HEIGHT  FACTOR  = 


Figure  3-  6  .  Definition  -  Fuselage 
Geometric  Parameters 
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The  fuselage  size  factor  at  the  inlet  station,  defined  as  the  fuselage  cross- 
sectional  area  up  to  the  canopy  reference  shoulder  line  divided  by  the  radome  cross- 
sectional  area,  did  not  provide  any  significant  trend  probably  because  requirements, 
such  as  forward  looking  radars,  have  a  first  order  influence  on  this  parameter. 

A  cursory  examination  of  all  the  aircraft  used  in  the  Systems  Review  provides 
an  appreciation  for  the  great  variety  of  fuselage  shapes  in  existence.  It  is  an  area  in 
which  the  aircraft  designer  has  great  liberty,  provided  the  volumetric,  structural 
and  aerodynamic  requirements  are  satisfied.  Since  the  fuselage  lower  corner  is  of 
primary  concern  to  the  fuselage  cross  section,  it  was  necessary  to  establish  a  mean¬ 
ingful  identification  parameter.  Using  the  fuselage  aspect  ratio,  shape,  width  and 
height,  a  mathematical  formula  was  derived  and  found  accurate  in  duplicating  the 
actual  shape  of  the  fuselage  corner.  (See  figure  3-6. ) 

Detailed  examination  of  the  aircraft  in  this  Review  has  shown  a  strong  tendency 
toward  utilization  of  a  "flat-bottom"  fuselage  for  the  dual  engine  aircraft  -  particularly 
as  design  Mach  number  is  increased.  A  dual  engine  installation  inherently  projects 
a  rectangular  frontal  area,  thereby  maintaining  a  high  fineness  ratio.  To  remain  con¬ 
sistent  with  a  high  design  Mach  number  and  also  conform  to  efficient  fuselage  contour 
development,  the  forebody  aspect  ratio  must  be  relatively  low.  Therefore  the  basic 
rectangular  shape  when  projected  forward  will  transition  gradually .  An  inherent 
advantage  of  the  "flat  bottom"  fuselage  is  its  suitability  for  carrying  internal  and 
external  stores. 

Consistent  with  the  requirements  of  the  program,  eight  fuselage  shapes  were 
selected  for  preliminary  design.  These  are  illustrated  in  figure  3-7.  The  eight 
fuselages  are  divided  into  four  major  groups  with  the  fuselage  lower  quadrant 
aspect  ratios  varying  from  <  1.0  to  1.45. 

In  the  first  group,  aspect  ratio  =  1.20,  Configuration  No.  1  has  a  shape  factor 
of  0.950  and  is  approximately  comparable  to  the  lower  fuselage  corner  of  the  F-lll, 
F-101,  and  F-5B.  Configuration  No.  2  has  a  shape  factor  of  0..730  and  is  similar 
to  the  FX-B,  F-104,  the  Swedish  Draken  ,and  the  Russian  Firebar. 
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Figure  3-7.  Selected  Fuselage  Lower  Quadrant  Geometric  Characteristics 
for  Experimental  Study 
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In  the  second  group  ,  aspect  ratio  =  1.45,  Configuration  No.  3  has  a  smaller 
corner  than  Configuration  No.  1  with  a  shape  factor  of  0.965.  This  selection  approxi¬ 
mates  nine  aircraft  configurations,  F4C/E,  FX-D,  1-X-E,  Mirage  E,  Mirage  G, 
Mirage  IV-A,  the  Jaguar,  and  the  RA5C.  Configuration  No.  ^  is  l  °  classic  elliptic 
corner  with  a  shape  factor  of  0.820  and  the  width  and  heightfactors  chosen  to  simu¬ 
late  six  advanced  configurations .  These  are  FX's-6,  8,  10,  11,  12,  andA-l.: 

In  the  third  group,  aspect  ratio  =  1.0,  Configurations  Nos.;  5  and  6  were 
chosen  as  extensions  of  Configurations  Nos.  3  and  4.  The  initial  curvature  of  No. 

5  is  identical  to  No.  3,  but  falls  off  more  rapidly  to  obtain  a  lowered  shape  factor  of 
0.926.  The  shape  is  considered  representative  of  the  flat  bottom  fuselage  modi¬ 
fied  for  a  more  generous  corner.:  In  turn,  the  initial  curvature  of  No..  6  is  identical 
to  No.  4,  but  then  it  is  extended  straight  to  the  BCL.  This  shape  is  similar  to  the 
A-6  and  EA6B  aircraft.:  It  is  also  rapresentative  of  triangular  shape  body,  inverted 
to  accommodate  a  high  wing  installation.  It  might  be  mentioned  here  that  a  right 
triangular  shape  body  (F-102,  F-106,  etc.)  was  not  chosen  due  to  its  impractical ity 
with  a  high  wing  installation.  It  is,  however,  well  suited  to  a  low  wing  configuration, 
fiince  the  Systems  Review  indicated  a  pronounced  preference  for  the  high  wing  approach 
the  right  triangular  shape  body  was  eliminated. 

Configurations  Nos.  1,  3,  and  5  were  selected  to  investigate  three  variations 
of  a  sharp  corner.  Configurations  Nos.  2,4,  and  6,  in  turn,  were  selected  to  investi¬ 
gate  three  variations  of  a  more  generous  corner,  A  composite  picture  illustrating  all 
six  selections  is  shown  on  Figure  3-8 . 

In  the  fourth  group,  aspect  ratio  <1.0,  indicative  of  sculptured  wing/body 
shapes,  the  FX-C  and  the  YF-12  aircraft  were  selected.  Configuration  No.  7  with 
an  aspect  ratio  of  0.62  is  comparable  to  the  FX-C  proposal.  Configuration  No.  8 
v/ith  an  aspect  ratio  of  0.45  is  comparable  to  the  YF-12  aircraft. 

The  overall  fuselage  aspect  ratio  at  the  inlet  station  of  1,14  was  selected  as 
lepresentative  of  advanced  configurations.  The  fuselage  size  factor  at  the  inlet 
station  falls  out  when  recommendations  of  (1)  fuselage  nose,  (2)  canopy,  (3)  fuselage 
aspect  ratio  of  the  inlet  station,  and  (4)  the  fuselage  geometric  shapes  are  satisfieo. 
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3 . 5  Aircraft  W mg  Characteristics 

The  design  process  to  determine  the  optimum  wing  geometry  is  similar  to 
that  employed  in  the  selection  of  power  plant  performance  characteristics.  In  both 
cases  it  is  necessary  to  provide  sufficient  thrust  (lift  in  the  case  of  the  wing) It  is 
tne  mission  profile,  and  its  required  lift-to-drag  ratio,  that  dictate  the  aircraft  wing 
planform . 

Wing  position,  with  respect  to  the  fuselage,  is  usually  categorized  as  low, 
mid,  or  higti.  Inherent  in  each  of  these  wing  locations  are  systems  oriented  advan¬ 
tages  and  disadvantages,  which  together  with  the  mission  requirements  dictate  selec¬ 
tion  of  wing  position.: 

With  regard  to  the  wing,  primary  interest  during  the  Systems  Review  was  to 
identify  the  location  relative  to  the  fuselage,  both  longitudinally  and  circumferentially. 
In  addition,  where  possible,  tha  leading  edge  sweep  was  determined. 

Location  of  the  inlet  relative  to  the  wing  and  the  wing  sweep  will  determine 
the  effect  of  the  wing  upon  the  inlet  flow  field  environment.:  Selection  of  wing  planform 
is  based  primarily  on  tho.-;e  aerodynamic  considerations  required  to  satisfy  specified 
performance  requirements.  The  circumferential  location  of  the  wing,  i.e  ,  low, 
mid,  or  high  position,  is  derived  from  a  trade-off  between  structural,  aerodynamic, 
and  overall  vehicle  integration  considerations , 

The  wing  geometric  characteristics,  for  the  surveyed  airci^ft,  are  summarized 
in  Appendix  L .  The  wing  sweep  of  the  Recent  and  Foreign  Tactical  Aircraft  varied 
considerably,  due  primarily  to  a  large  spread  in  design  Mach  number.  However, 
similarities  do  exist  when  this  group  of  aircraft  are  viewed  in  terms  of  general  class. 
For  example,  the  F-4C/E,  F-100D,  A4F,  and  F-105D  all  have  the  same  wing  sweep. 
This  same  similarity  exists  among  the  RA5C,  A-7A,  and  F-101C.  The  foreign 
aircraft  studied  generally  employ  a  higher  sweep  angle.  This  is  particularly 
true  for  the  Russian  aircraft  where  a  wing  leading  edge  sweep  of  58°  is  common 
for  the  older  models.  The  trend  to  further  increase  wing  sweep  for  the  new 
Russian  aircraft  is  evident  even  from  the  limited  information  available  (SU-11 
and  MIG- 23).  Two  of  the  variable  sweep  airplanes  (F-111A  and  Mirage  G)  are 
identical  with  a  leading  edge  sweep  of  16°  extended  and  73°  retracted.  Among 
the  fixed  wing  advanced  aircraft  the  average  sweep  angle  is  approximately  56.  5°. 
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Longitudinal  location  of  the  wing/fuselage  juncture  at  37$  of  the  aircraft 
length  was  found  to  be  the  mean  for  the  39  aircraft  used  in  the  Systems  Review. 

The  Foreign  Aircraft  Group,  in  particular  the  Russian  aircraft  in  the  survey, 
utilized  a  design  such  that  the  wing/ fuselage  juncture  is  generally  located  further 
forward  than  the  U.S.  aircraft.  For  the  advanced  aircraft,  the  mean  longitudinal 
location  was  found  to  be  33%  of  the  aircraft  length. 

The  circumferential  location  of  the  wing,  in  ferms  of  low.  mid,  or  high 
position,  showed  a  definite  trend  toward  utilization  of  the  high  wing  position  as 
the  design  Mach  number  is  increased.  For  the  Recent  Aircraft  Group,  the  low  wing 
position  dominates  with  61.  5%  of  the  aircraft,  only  23.  0$  utilized  the  ligh  wing 
position.  For  the  Foreign  Aircraft  Group,  it  is  almost  equally  split  between  the 
three  wing  positions.  However,  for  the  Advanced  Aircraft  Group,  only  one  config- 
uratiot  utilized  the  mid  wing  position  with  all  others  incorporating  a  high  wing,  hi 
view  of  this  latter  result,  the  decision  in  the  present  program  ‘o  investigate  only  the 
high  wing  position  appears  justified, 

3ased  on  the  Systems  Review  a  high  wing  located  at  40$  of  the  aircraft 
length  with  a  wing  leading  edge  sweep  of  55°  and  a  thickness  ratio  of  6$  was  selected. 
The  selection  of  longitudinal  location,  though  slightly  further  aft  than  most  of  the 
advanced  configurations,  was  made  because  of  an  inability  to  clearly  delineate  vari¬ 
able  sweep.  Therefore,  identifying  the  wing  stub/fuselage  juncture,  versus  fixed 
wing,  was  clouded.  However,  this  wing/fuselage  juncture  is  judged  to  be  realistic 
and  can  find  practical  application. 

3.6  Inlet  Characteristics 

The  design  and  selection  of  the  air  induction  system  for  any  particular 
aircraft  configuration  is  the  product  of  parametric  studies.  The  more  important 
of  these  parameters  are,  (1)  net  propulsive  effort.  (2)  weight,  (3)  complexity. 

(4)  mission  performance,  (5)  compatibility  ,  (6)  system  effectiveness,  and  (7)  cost 
effectiveness.  However,  the  operational  effectiveness  provides  the  final 
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determination  of  technical  excellence  used  in  the  design  of  the  air  induction 
system.  From  the  inlet  viewpoint,  choices  exist  in  inlet  concept,  location, 
boundary  layer  control  system,  inlet  control  system,  inlet  contour,  and  aspect 
ratio.  Consequently,  to  support  the  Design  Selection  Task  of  this  study 
properly  the  Systems  Review  for  the  Induction  Systems  concentrated  on  parameters 
related  to  size  and  location.  The  statistical  results  of  the  Review  for  the  Recent, 
Foreign,  and  Advanced  Group  are  summarized  in  Appendix  A.;  Other  features  of  the 
induction  system,  such  as  inlet  compression  system,  boundary  layer  control, 
and  inlet/airframe  integration  features  are  qualitatively  assessed  and  are  also  shown 
in  Appendix  A . 

Among  the  aircraft  in  the  review,  inlets  were  primarily  located  at  the  air¬ 
craft  nose  and  fuselage  side  positions  with  tne  top  and  bottom  fuselage  positions  not 
widely  utilized.  Figure  3-9  shows  the  radial  and  circumferential  location  of  the  inlet 
centroid  for  all  aircraft  in  the  review.  The  fuselage  side  position,  near  the  90°  axis, 
is  the  location  chosen  for  80%  of  the  aircraft.  Radial  location  averages  1.6  times  the 
fuselage  half-width  measured  from  the  aircraft  axis.  Exceptions  are  the  YF-12, 

FX-C,  FX-6,  FX-8,  Flipper  and  Firebar,  where  propulsion  nacelles  installed  out¬ 
board  of  the  fuselage  are  utilized.  The  Russians,  prior  to  the  recent  family  of  air¬ 
craft.  have  made  extensive  use  of  the  nose  inlet  for  both  subsonic  and  supersonic 
aircraft,  as  opposed  to  the  U.  S,  with  only  the  F-100  and  A7.  The  disadvantages  of 
an  inherently  long  subsonic  diffuser  and  poor  performance  at  high  maneuvering 
attitudes  for  the  nose  inlet  were  apparently  traded  in  favor  of  minimum  aircraft 
wetted  area  and  uniform  flow  field  approaching  the  inlet  during  cruise. 

The  longitudinal  location  of  the  inlet  is  strongly  dependent  on  aircraft  con¬ 
figuration,  type,  and  design  Mach  number.  However,  when  aircraft  with  nose  inlets 
and  propi.i3ion  nacelles  were  excluded  from  consideration,  the  inlets  of  the  remaining 
aircr.  ft  were  located  between  30-40%  of  the  aircraft  length.  The  mean  longitudinal 
location  of  these  twenty-four  aircraft  is  0.330.  Among  the  Advanced  Aircraft  Group  a 
notable  exception  is  the  F-lll  employing  a  short  subsonic  diffuser  and  utilizing  wing 
shielding.  As  a  result  the  inlet  is  located  further  aft.  (.434) 
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The  inlet  size  factor,  defined  as  the  ratio  of  the  ini capture  area  to  the 
fuselage  maximum  frontal  area  showed  a  large  variation  among  aircraft  in  the  Review., 
The  primary  reason  for  this  scatter  is  due  to  the  wide  range  of  aircraft  performance 
requirements  among  the  various  aircraft  studied.  The  inlet  capture  area  is  a  function 
of  aircraft  mission,  design  Mach  number,  engine  characteristics,  induction  system 
design,  aircraft  sizing  conditions,  etc.  From  an  overall  systems  point  of  view  the  inlet 
capture  area  can  be  related  directly  to  aircraft  thrust  loading. 

A  good  correlation  was  obtained  for  the  inlet  size  factor  with  the  ten  FX  con¬ 
figurations  <  The  significant  reason  is  the  common  design  ground  riles,  i.e. ,  fixed 
mission,  gross  weight,  aad  maneuverability  requirements,  combined  with  the  same 
family  of  advanced-techuology-engines.  Among  the  ten  configurations,  FX-6,  8,  10, 

11,  A-l,  B,  and  E,  all  have  an  inlet  size  factor  of  approximately  0.550.  FX-12,  with 
a  size  factor  of  0.398,  can  be  eliminated  from  this  comparison  because  certain  excep¬ 
tions  to  the  basic  ground  rules  were  exercised.  The  purpose  of  the  FX-12  design  was 
to  demonstrate  the  feasibility  of  a  smaller  aircraft  to  meet  the  same  mission  require¬ 
ment  by  relaxing  some  of  the  design  criteria.  The  FX-C  configuration  utilized  a  con¬ 
toured  wing/body  planform  with  the  propulsion  nacelle  located  to  make  advantageous 
use  of  wing/body  pre- compression,  the  FX-C  inlet  size  factor  is  0.372.  However, 
if  the  projected  area  of  that  portion  of  the  body  utilized  for  pre-compression  is  charged 
to  the  inlet,  the  size  factor  is  0.540.  Therefore,  the  FX-C  when  corrected  for  wing/ 
body  pre-compression  is  directly  comparable  to  the  other  configurations. 

A  synopsis  of  the  general  types  of  inlets  used  by  the  aircraft  in  the  Systems 
Review  showed  41%  utilized  the  two-dimensional  ramp-type  compression  system,  38% 
utilized  the  three-dimensional  conical  or  semi-conical  system,  and  21%  utilized  the 
pitot  inlet.  Nine  of  the  ten  FX  configurations  employed  an  identical  inlet  concept 
consisting  of  a  two-dimensional  external  compression  system  with  double  ramps. 

Seven  FX  configurations  selected  horizontally  mounted  compression  ramps,  and  two 
configurations  mounted  the  compression  ramps  vertically.  In  addition  examination  of 
the  new  family  of  Russian  tactical  aircraft  showed  similar,  if  not  identical,  inlet  con¬ 
cepts.  The  main  advaniage  cf  this  type  of  inlet,  with  the  compression  ramps  mounted 
horizontally,  is  the  inherent  ability  of  the  compression  surfaces  to  partially  compensate 
for  angle  of  attack.  The  average  inlet  aspect  ratic  of  1. 50  was  selected  from  the  seven 
advanced  configurations  utilizing  horizontally  mounted  compression  ramps. 
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Based  on  the  Systems  Review,  two  inlet  types  were  selected.  The  charactr  >. 
istics  of  these  inlets  are  presented  below. 

Selection  No  ■  1 

Two-dimensional,  external  compression,  double  ramp,  norizontally  mounted, 
sharp  lip  inlet  < 

Size  Factor  =  0.550 
Aspect  Ratio  =  1.50 
Location: 


Longitudinal  =  0.350  (Forward)  0.500  (Aft) 
Radial  =  1.60 
Circumferential  =  90® 

Selection  No .  2 

Axisymmetric,  external  compression,  sharp  lip  inlet 
Size  Factor  =  0.550 


Aspect  Ratio  =  l .  GOO 
Location: 

Longitudinal  =  0  500  (Aft) 
Radial  =  1.60 
Circumferential  =  90° 
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3 . 7  Configuration  Synthe  sis 

With  the  geometric  characteristics  of  the  individual  aircraft  components 
selected,  it  was  necessary  to  integrate  them  into  a  complete  aircraft  system  and, 
having  done  this,  to  refine  the  resultant  configuration  to  reflect  good  overall  design 
practice .  This  procedure  was  followed  for  each  of  the  8  selected  configurations  and 
the  finalized  component  geometric  characteristics  were  compared  with  those  charac¬ 
teristics  statistically  derived  during  the  survey  task.  This  comparative  study 

permitted  a  refinement  of  the  configurations  as  developed  to  that  point.  The  con¬ 
figurations.  refined  as  a  result  of  this  analysis,  were  then  examined  to  determine 
the  geometric  similarity  of  the  models  with  those  models  employed  in  other  related 
wind  tunnel  programs.  A  final  refinement  of  the  geometric  characteristics  was  then 
made  to  achieve  compatibility  with  three  of  these  related  programs. 


The  development  of  configurations  1  through  6,  which  are  the  wing -body  class, 
resulted  in  designs  that  were  acceptable  after  one  iteration.  Tbs  approach 
selected  to  improve  these  configurations  was  to  move  the  forward  inlet  location  from 
35%  to  30%  of  the  overall  aircraft  length.  This  change  improved  the  area  progression 
while  remaining  consistent  with  the  findings  of  the  systems  survey  which  indicated 
the  inlet  location  to  be  between  30  and  40%  of  the  overall  aircraft  length.  One  further 
refinement  was  to  increase  canopy  fineness  ratio  slightly,  to  further  improve  the  area 
progression. 

Investigation  of  the  aft  inlet  location  indicated  that  aircraft  balance  and  the 
maintenance  of  an  acceptable  area  progression  required  the  use  of  a  highly  swept 
wing  glove  forward  of  the  inlet  station  and  that  this  section  would  be  part  of  a  wing 
design  employing  variable  geometry.  Based  upon  thes'>  findings  it  was  decided  that 

the  primary  and  alternate  wing  configurations  would  '  {  designed  to  be  representative 
of  the  inboard  section  of  wing  strake  employed  with  a  variable  geometry  wing.  Wing 

sweep  was  judged  to  be  the  factor  of  primary  interest  and,  therefore,  sweep  angles 
of  55°  and  65°  were  employed.  The  wing-fuselage  juncture  was  selected  by  satisfying 
the  constraints  of  aircraft  balance,  area  rule,  and  submergence  of  the  inlet  within 
the  wing  generated  shock  layer. 
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Integration  of  the  geometric  components  of  configuration  7  did  not  initially 
yield  an  acceptable  aircraft  system.  The  reason  appears  to  be  that  the  design  is  a 
blended  body  and  as  a  result  can  be  developed  in  an  infinite  number  of  ways .  Addi¬ 
tionally  it  was  based  upon  only  one  design  employed  in  the  survey  task.  Therefore 
several  iterations  were  required  to  generate  an  aircraft  potentially  representative  of 
the  tactical  class.  The  conclusion  drawn  concerning  this  configuration  was  that 
evolution  of  the  body  contour  lines  represented  a  large  development  type  program, 
a  fact  that  precluded  its  use  in  this  investigation.  Additionally,  the  standard  inlet, 
canopy,  and  nose,  to  be  used  in  the  program,  did  not  integrate  well  with  the  fuselage. 
As  a  result  of  these  findings  it  was  decided  that  the  configuration  was  not  applicable 
to  the  program. 

Configuration  8,  is  in  the  wing -body  class  and,  as  initially  developed  employed 
a  low  aspect  ratio  fuselage  (0.45).  Evolution  of  the  configuration  indicated  that  an 
efficient  high  wing  tactical  aircraft  could  not  be  developed  from  the  geometric  char¬ 
acteristics  specified.  However,  as  fuselage  aspect  ratio  was  increased,  the  con¬ 
figuration  improved.  A  final  fuselage  aspect  ratio  of  0.70  was  selected  as  producing 
a  potential  tactical  aircraft  configuration  while  also  providing  a  fuselage  aspect  ratio 
lower  than  1.0,  which  is  of  interest  from  the  general  viewpoint. 

The  findings  of  the  configuration  analysis  task  were  employed  to  refine  the 
geometric  characteristics  statistically  derived  during  the  Systems  Review.  A  final 
refinement  was  based  upon  the  "compatability  analysis,"  discussed  in  the  following 
text. 

At  the  conclusion  of  the  "Configuration  Analysis  Task"  the  recommended 
selections  were  primarily  system  oriented  without  extensive  regard  for  other  re¬ 
search  programs  dealing  with  airframe /inlet  interaction  problems.  In  order  to 
obtain  maximum  engineering  effectiveness,  and  particularly  to  support  advancement 
in  this  state-of-the-art,  the  efforts  under  this  contract  were  altered  slightly  to  par¬ 
allel  two  other  USAF  research  programs.  The  other  programs  involved  were: 
the  (1)  North  American  wind  tunnel/fligbt  test  program  utilizing  the  RA5C  aircraft 
and  a  l/8th  scale  RA5C  wind  tunnel  model  to  investigate  scale  effects  and  inlet/ 
airframe  interaction  problems,  and  (2)  General  Electric  utilization  of  a  .228  scale 
RA5C  wind  tunnel  model  to  generate  inlet/engine  compatibility  data  in  support  of 
the  FX/VFAX  engine  prototype  development  program.  Therefore,  data  generated 
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from  this  study  utilizing  a  l/12th  scale  model  would  provide  a  valuable  opportunity 
for  data  correlation  and  scaling  comparison  with  those  generated  from  the  full 
scale,  .  228  scale,  and  l/8th  scale  model. 

Since  one  of  the  recommended  configurations ,  (3) ,  already  had  considerable 
commonality  with  the  RA5C,  i.e.,  fuselage  shape,  two-dimensional  external  compres¬ 
sion  inlet,  and  wing  location,  the  feasibility  of  duplicating  the  RA5C  as  an  alternate 
configuration,  yet  without  departure  from  the  main  objective  of  this  program,  was 
easily  realized.  Therefore,  the  selection  of  the  alternate  aircraft  nose,  canopy,  and 
the  two-dimensional  inlet  aspect  ratio  was  based  on  the  RA5C .  The  RA5C  nose  fine¬ 
ness  ratio  and  equivalent  included  angle  is  1.688  and  31°  respectively,  and  tne  canopy 
for  tandem  seating  nas  a  high  fineness  ratio  due  to  the  design  of  the  fairing  from  the 
canopy  high  point  to  the  rpper  fuselage  basic  contour  line  (BCL).  In  view  of  the  RA5C 
nose  geometry,  the  primary  nose  cone  selection  was  reduced  in  equivalent  included 
angle  so  that  the  fineness  ratio  could  be  increased  to  provide  abetter  range  between 
the  two  selections.  Consequently,  the  nose,  canopy,  and  the  two-dimensional  inlet 
selections  were  changed  as  follows . 
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Aircraft  Nose 


Geometric  Parameters 

Primary 

Alternate 

Nose  Cone  Equivalent  Included  Angle 

20° 

31° 

Nose  Cone  Initial  Included  Angle 

27° 

46.5° 

Nose  Cone  Fineness  Ratio 

2.83 

1.69 

Nose  Droop  Angle 

7.5° 

7.5° 

Radome  Maximum  Diameter 

40" 

40" 

Nose  Cone  Shape 

Ogival 

Ogival 

Canopy 


Geometric  Parameters 

Primary 

Alternate 

Canopy  Fineness  Ratio 

9.0 

16.3 

Canopy/Fuselage  Size  Factor 

0.275 

0.298 

Longitudinal  Location 

0.500 

0.350 

Windshield  Shape 

Flat  Center 
Panel 

Rounded 

Inlet 


Geometric  Parameters 

Two-Dimensional 

Axisymmetric 

Inlet  Size  Factor 

0.550 

0.550 

Aspect  Ratio 

1. 10 

1.00 

Longitudinal  Location  -  Fwd  Position 

0.30 

0.30 

Longitudinal  Location  -  Aft  Position 

0.500 

0.500 

Radial  Location 

1.63 

1.63 

Circumferential  Location 

90° 

90° 

Assume  Aircraft  Length 

65’ 

65* 
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3. 8  Detail  Inlet  Design 

3.8.1  General 

The  Systems  Review  and  Design  Selection  Task  resulted  in  the  selection  of 
the  geometric  characteristics  of  the  fuselage  components.  Additionally,  the  basic 
inlet  concepts  were  also  determined.  In  this  regard  two  external  compression  inlets 
were  selected  for  the  experimental  program.  These  were  (1)  a  two-dimensional, 
three  shock,  horizontally  mounted  ramp  inlet  and  (2)  an  axisyrometric  three  shock 
inlet.  It  remained,  however,  to  determine  the  detailed  aero/thermodynamic  character¬ 
istics  of  these  inlet  concepts.  Achieving  this  objective  involved  maximizing  inlet 
performance  for  a  postulated  advanced  tactical  aircraft  flight  envelope  while  remain¬ 
ing  consistent  with  several  constraints  dictated  by  a)  the  Systems  Review  results 
b)  the  experimental  program  budget,  and  c)  good  design  practice.  Based  upon  these 
constraints  the  following  inlet  design  ground  rules  were  established. 

•  Inlets  would  be  fuselage  side-mounted,  and  when  installed  in 
the  aft  position (50%  ACL)  would  be  integrated  with  the  fuselage 
and  shielded  by  the  wing. 

•  The  inlet  design  would  be  simple  and  as  such  would  not  include 
variable  geometry  requiring  remote  control . 

•  Inlets  should  operate  satisfactorily,  without  major  shock/cowl 
lip  interaction  problems,  for  an  angle  of  attack  range  up  to 

a  =  25°  and  speed  range  up  to  M  =2.70. 

00 

•  The  inlets  would  be  faired  to  a  common  subsonic  diffuser 
and  simulated  engine  face. 

•  The  inlet  instrumentation  system  would  be  common  to  both 
inlets . 

•  Both  inlets  should  incorporate  a  throat  boundary  layer  bleed 
system. 
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3.8.2  Two-Dimensional  Inlet 
3. 8. 2. 1  Design  Considerations 

The  concept  of  a  two-dimensional,  external  compi  :ssion  inlet  was  selected 
based  on  the  Systems  Review.  The  parallel  USAF  programs  mentioned  in  section  3.7 
concern  the  investigation  of  airframe/inlet  interactions,  on  the  RA5C  inlet  in  wind 
tunnel  models  and  full  scale  flight  test.  Therefore,  data  generated  from  this  study 
utilizing  a  l/12th  scale  model  provides  a  valuable  opportunity  for  data  correlation 
and  scaling  comparison  with  those  generated  from  the  full  scale,  .228  scale,  and 
l/8th  scale  models.  Consequently,  the  decision  was  made  to  duplicate  the  RA5C 
inlet  configuration,  in  particular  the  .228  scale  model  being  tested  by  General  Electric 
in  support  of  the  FX/VFAX  engine  prototype  development  program. 

Examination  of  the  airflow  characteristic  for  a  typical  advanced  technology 

turbofan  engine  indicated  a  rather  stringent  requirement  of  m/m  =  0.725  transon- 

00 

ically.  Shown  on  Figure  3-10  is  the  bare  engine  requirement  without  any  allowance 
for  engine  cooling,  leakage,  boundary  layer  bleed,  and  secondary  airflows.  To 
meet  this  mass  flow  variation  a  variable  geometry  inlet  would  most  certainly  be 
required.  However,  a  remotely  controlled  variable  geometry  inlet  was  beyond  the 
scope  of  this  experimental  program.  Consequently,  optimum  performance  objectives 
for  the  complete  speed  range  of  interest  were  relaxed  in  favor  of  simple  fixed 
geometry  designs. 

It  was  also  necessary  to  modify  the  geometry  of  the  RA5C  inlet,  a  M  =  2.  0 
design,  in  order  to  operate  satisfactorily  up  to  M  =  2.  70.  With  the  experimental 
program  conducted  in  two  facilities;  i.  e. ,  NASA-Ames  6'  x  6*  up  to  =  2.  20,  and 
NASA-Ames  8’  x  6'  at  =  2.  50,  it  was  logical  to  choose  two  inlet  design  conditions. 

A  parametric  study  was  made  to  determine  the  optimum  combination  of 
compression  angles  for  a  three  shock  system  designed  at  -  2. 20  and  =  2.  70. 
The  results  of  this  study  are  shown  on  Figures  3-11  and  3-12  respectively.  The 
optimum  combination  at  =  2. 20  consisted  of  an  initial  deflection  angle  ^12' 
with  the  second  deflection  angle  13°.  At  M  =  2.70,  the  optimum  combination 

consisted  of  6^  ^  14°  with  6^  18°. 
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M  =  2.20 

09 

Subsonic  Diffuser  Losses 
Not  Included 

O  Initial  Deflection  Angle  -  6^  =  6° 

□  Initial  Deflection  Angle  -  61  =  8° 

0  Initial  Deflection  Angle  -  6^  =  10° 

&  Initial  Deflection  Angle  -  =  12° 

O  Initial  Deflection  Angle  -  §1  =  14° 


Second  Deflection  Angle  -  a2  (Deg.) 

Figure  ?-ll .  Total  Pressure  Recovery  -  Double  Ramp  External 
Compression  Inlet,  Designed  for  M  =  2.20 
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The  RA5C  inlet  utilized  an  initial  wedge  angle  6^  =  9°  with  the  second 

wedge  angle  §2  =  10°  at  design  Mach  number  (M^  -  2. 0).  In  order  to  establish  a 

common  base  from  which  to  compare  data  between  the  .  228  and  l/12th  scale  models, 

the  optimum  performance  at  =  2.  20  was  relaxed  resulting  in  the  selection  of  the 

RA5C  inlet  geometry  with  =  9°  and  6g  =  10°.  An  additional  compromise  was 

made  by  reducing  the  cowl  position  parameter  tc  0  =84,  8°  in  order  to  eliminate 

c 

oblique  shock  wave/cowl  lip  intersection  at  -  2. 20.  Consequently,  when  data 
correlation  is  made  at  M^  <  2. 20,  the  inlet  mass  flow  ratio  must  be  adjusted 
accordingly.  The  subsonic  diffuser  and  the  simulated  engine  face  characteristics 
of  the  GE  .  228  scale  RA5C  inlet  were  adopted  ana  scaled  for  this  program. 

At  =  2.  70,  the  selection  of  the  compression  angles  was  constrained 
by  the  previously  established  geometric  relationship  between  cowl  and  ramp  leading 
edges.  Therefore,  the  initial  deflection  angle  was  selected  to  provide  shock  on  lip 
operation,  and  a  fij  =  15°  and  6V  -  17°  v?.3  chosen.  Details  of  the  two-dimensional 
inlet  showing  the  =  2.  20  and  Mqi  -  ?  70  compression  blocks  are  shown  on  Figure 
3-13. 


3 . 8. 2. 2  Estimated  Performance 

Performance  of  the  two-dimensional  inlet  for  a  range  of  angle  of  attack 
from  -4°  to  +25°,  has  been  estimated  for  =  1. 30,  1. 80,  2.20,  2. 50,  and  2.  70. 
Presented  in  Figure  3-14  is  the  estimated  critical  mass  flow  ratio  as  a  function  of 
angle  of  attack.  The  critical  total  pressure  recovery  Including  a  subsonic  diffuser 
loss  based  upon  a  AH/q  =  0. 135,  is  presented  in  Figure  3-15.  Inlet  mass  flow 
ratio  and  pressure  recovery,  for  =  1. 80  and  1. 30  are  based  on  the  geometric 
characteristics  with  the  M  =  2. 20  compression  block  installed. 

The  mass  flow  ratio  at  angle  of  attack  is  based  on  the  ratio  of  the  ingested 
mass  flow  to  the  actual  captured  mass  flow.  Variation  of  the  capture  area  at  angle 
of  attack  with  the  capture  area  at  a  =  0°  (geometric  capture  area)  is  shown  on 
Figure  3-16. 
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Throat  Bleed  Exit, 
Plate  Adjustable  - 
Full  Closed  to  Open 
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FRONT  ELEVATiON 
-  2.138  - 


INLET  DESIGN  CONDITIONS 

2 

A.  Capture  Area  -  AQ  =  6. 15  in 

E.  Double  Ramp,  External  Compression 

C.  M  =  2.  70  &  2. 20  Focused  Waves  Shock  on  Lip 

flO 


II 

2.70 

=  2.20 

0,  = 

34.8° 

6 

=  34. 8° 

l 

1 

S2  * 

62.5° 

02 

=  51.  T 

Figure  3-13 .Concluded.  Two-Dimensional  Inlet  l/l2th  Scale  Model 
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Estimated  Critical  Mass  Flow  Ratio  -  Two  Dimensional  Inlet 


Estimated  Critical  Pressure  Recovery,  Two  Dimensional  Inlet 


Figure  3-16.  Caput  re  Area  Ratio  vs  Angie  of  Attack 


UNCLASSIFIED 


3.8.3  Axisymmetric  Inlet 
3. 8. 3. 1  Design  Considerations 

Any  axisymmetric  inlet,  with  its  inherent  performance  sensitivity  to  angle 
of  attack,  will  generally  require  some  protection  in  order  to  find  application  with  the 
highly  maneuverable  aircraft  projected  for  the  future.  In  view  of  this,  an  axisym¬ 
metric  inlet  design  can  be  reasonably  postulated  installed  within  the  wing  flow  field 
either  in  a  podded  installation  or  as  a  segment  of  a  conical  inlet  integrated  with  the 
wing  and  fuselage.  Therefore,  the  side  fuselage  mounted  axisymmetric  type  inlet 
forward  of  the  wing  is  not  expected  to  be  a  competitive  concept  for  aircraft  designed 
to  meet  stringent  maneuverability  requirements.  Consequently,  in  the  interest  of 
maintaining  overall  program  effectiveness  and  maximizing  utilization  of  available 
wind  tunnel  test  time,  the  logical  decision  was  made  to  investigate  the  axisymmetric 
inlet  only  in  the  aft  position  (i.  e. ,  under  the  wing). 

The  requirement  that  the  inlet  be  integrated  with  the  wing  and  fuselage 
restricted  consideration  to  segments  of  an  axisymmetric  inlet.  Preliminary  studies 
made  to  ensure  conformity  with  efficient  aerodynamic  design  practices  resulted  in  the 
selection  of  a  quarter  segment  axisymmetric  inlet  as  that  having  the  highest  potential 
for  practical  application.  The  selected  shape  bears  a  strong  resemblance  to  the  F-lll 
Induction  System,  however,  inlet  placement  with  relation  to  the  wing  and  body,  sub¬ 
sonic  diffuser,  and  simulated  engine  face  characteristics  are  peculiar  to  this 
experimental  program.  Longitudinal  location  of  the  inlet  at  50%  ACL  was  determined 
by  the  Systems  Review  and  Design  Selection  Task.  Subsonic  diffuser  contours  were 
developed  to  conform  with  efficient  one-dimensional  diffusion  requirement  and  be 
compatible  with  the  simulated  engine  face  of  the  two-dimensional  diffuser.  The 
fuselage  and  wing  boundary  layer  diverters  were  selected  primarily  to  ensure  com¬ 
plete  removal  of  the  viscous  flow  and  rapid  model  configuration  changes,  without 
seriocs  attention  given  to  the  attendant  diverter  drag.  However,  the  diverter  in¬ 
cluded  angles  of  18.  5°  and  23°  are  not  unreasonable  from  a  drag  standpoint. 

A  parametric  study  wns  conducted  to  examine  inlet  performance  system¬ 
atically,  i.  e. ,  total  pressure  recovery  as  a  function  of  double  cone  external  com¬ 
pression  inlet  geometry.  The  objective  being  to  select  the  compression  system 
yielding  the  best  overall  pressure  recovery  for  the  speed  range  of  Mw  =  0.  8  -  2.  7. 


UNCLASSIFIED 

47 


UNCLASSIFIED 


However,  for  an  axisymmetric  inlet  where  variable  geometry  is  limited  to  a  sliding 
or  collapsing  spike,  and  a  combined  translating/collapsing  spike  is  overly  complex 
for  practical  application,  there  is  available  only  a  limited  variation  in  inlet  con¬ 
traction  ratio.  Therefore,  the  attainment  of  high  total  pressure  recovery  and 
matched  mass  flow  capacity  throughout  tnis  Mach  range  was  not  possible  without 
adopting  complex  variable  geometry.  This  is  illustrated  in  References  1  through 
5  for  aM#  =  3.  0  design  conical  inlet  utilizing  a  translating  double  cone  compres¬ 
sion  system.  The  mass  flow  capacity  at  transonic  speed  is  low  (m/m^  <  0.45), 
to  achieve  an  engine/inlet  match  in  the  supercritical  operating  regime.  An  addi¬ 
tional  factor  exerting  a  major  influence  on  external  compression  inlet  performance 
is  the  high  turning  of  the  flow  required  to  obtain  high  pressure  recovery.  This  is 
illustrated  in  Figures  3-17  and  3-18  for  =  2. 20  and  =  2.  70  respectively. 
For  the  range  of  initial  half  cone  angles  employed  in  the  parametric  study,  peak 
performance  is  obtained  with  the  second  half  cone  angle  at  approximately  ^0’  for 
a  =  2.20  design.  For  the  =  2.70  design,  a  strong  dependency  on  the 
initial  half  cone  angle  was  evidenced  with  peak  pertormnm'e  occurring  at  a  higher 
second  half  cone  angle  -  generally  above  40°.  The  local  flow  inclination  approaching 
the  inlet  cowl  is  shown  on  Figure  3-19.  With  the  inlet  design  at  Mx  =  2.  70.  i.  e. . 
with  the  second  half  cone  angle  5c2  -  40  -  50  .  i.tc  initial  internal  inlet  cowl  angle 
must  be  within  the  range  of  20J  -  30°.  At  off-design  conditions,  however,  this  cowl 
inclination  will  produce  a  local  expansion  prior  to  the  terminal  shock,  resulting  in 
lower  pressure  recovery  and  a  higher  level  of  airflow  distortion.  This  added  dis¬ 
turbance  at  off-design  was  undesirable,  particularly  when  the  program  objective  is 
to  identify  inlet  performance  degradation  due  to  inlet/airframe  interaction. 

To  meet  the  mass  flow  variation  of  a  typical  advanced  technology  turbo¬ 
fan  engine  as  shown  on  Figure  3-10,  an  axisymmetric  external  compression  inlet 
would  most  probably  utilize  sophisticated  variable  geometry,  or  deliberately  pay  a 
performance  penalty  by  oversizing  at  the  design  condition.  Such  a  variable  geom- 
etvy  inlet  was  beyond  the  scope  of  this  program.  Therefore,  the  design  require¬ 
ment  for  h>gh  pressure  recovery,  i.  e. ,  optimum  turning  of  the  flow,  was  relaxed 
in  favor  of  a  geometry  providing  acceptable  pressure  recovery  and  a  mass  flow 
capacity,  at  transonic  speed,  well  matched  to  a  potential  engine. 
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Flow  Inclination  Cowl  Leading  Edge  -  Deg. 
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06  =12° 
C1 

□  6„  =  14* 

c. 
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o 


6  -  16° 

C1 

6C  =  18° 


Second  Cone  Half  Angle  -  6 

c2 

Figure  3-19.  Flow  Inclination  Approaching  Inlet  Cowl,  Double  Cone  External 

Compression  Inlet 
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Consequently,  a  quarter  segment,  double  cone  (6C1  =  12.5'  and  = 

24°)  with  throat  perforations  for  boundary  layer  removal  was  selected.  The  spike 
had  two  positions  -  retracted  position  for  ^  2.  20,  and  the  forward  position  for 
M  =  2.70.  Details  of  the  inlet  are  shown  on  Figure  3-20. 

OC 

Capture  area  of  the  axisymmetric  inlet  vs  angle  of  attack  is  shown  in 
Figure  3-16. 

3.  8. 3. 2  Estimated  Performance 

Performance  of  the  axisymmetric  inlet,  for  a  range  of  angle  of  attack 
from  -4°  to  +25\  has  been  estimated  for  M  =  1.  30,  1.  80,  2.  20,  2.  5  and  2.  70. 

CO 

The  estimates  presented  represent  average  performance  for  the  inlet. 

The  mass  flow  ratio  at  angle  of  attack  Figure  3-21,  is  based  on  the  ratio 
of  the  ingested  mass  flow  to  the  actual  captured  mass  flow.  \  ariation  of  the  capture 
area  at  angle  of  attack  with  the  capture  area  at  a  =  0°  is  shown  in  Figure  3-16. 

The  critical  total  pressure  recovery,  Figure  3-22,  includes  an  estimated 
subsonic  diffuser  loss  based  upon  a  £.H/q  =  0. 135.  The  estimated  critical  total 
pressure  recovery  is  shown  generally  to  increase  with  angle  of  attack.  This  char¬ 
acteristic  is  due  to  the  selection  of  a  6cj,  and  6C9  lower  than  optimum.  The  in¬ 
creased  effective  cone  angle  presented  to  the  approaching  flow  at  angle  of  attack 
more  closely  approaches  an  optimized  geometry  and  as  a  result  the  theoretical 
pressure  recovery  improves. 

3.9  Summary 

The  Systems  Review  and  Design  Selection  Task  was  based  upon  a  compre¬ 
hensive  evaluation  of  thirty-nine  configurations.  These  were  comprised  of  representa¬ 
tive  aircraft  in  the  U.S.  and  foreign  inventory  including  ten  advanced  proposals  de¬ 
signed  to  meet  FX  mission  requirements.  The  geometry  of  each  configuration  was 
divided  into  five  major  components  of  interest,  i.e.,  aircraft  nose ,  canopy,  fuselage, 
wing,  and  inlet.  The  geometric  parameters  defined  in  paragraph  3. 1  were  applied  to 
these  major  components  thereby  allowing  a  synthesis  of  their  characteristics  into  a 
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Figure  3-20.  Axisymmetric  Inlet  -  1/12  Scale  Model 
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INLET  DESIGN  CONDITIONS 

"  2 

A.  Capture  Area  -  Aq  =  6. 15  in. 

B.  Double  Cone,  External  Compression 

C.  Fixed  Compression  System  -  Two  Spike  Positions  Only 

D.  Mm  =  2. 70  No  Oblique  Shock/Cowl  Lip  Interaction 

E.  Mw  -  2. 20  Spike  Translated,  Second  Oblique  Shock  on  Lip 

F.  Thermodynamic  Properties  Presented  for  45°  Plane 

M  =2.70  M  =2.20 

•  to 

=  23. 5°  0  =  29.7° 

^  =  38.6°  v,  =43.5° 


Figure  3-20 .(Concluded).  Axisymmetric  Inlet  -  1/12  Scale  Model 
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of  Attack 


Estimated  Critical  Pressure  Recovery,  Axisymmetric  Inlet 
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common  base  for  design  selection.  Cataloging  the  geometric  characteristics  of  the 
aircraft  components  in  this  manner,  as  a  function  of  aircraft  concept,  provides  a 
compilation  of  design  practice,  for  it  is  the  finalized  geometry  that  has  resulted 
from  the  trade-off  between  vehicle  induced  constraints  i  .  the  desire  to  maximize 
net  propulsive  effort.  Therefore,  by  knowing  the  geometric  characteristics,  a 
picture  of  reasonable  design  practice  emerged  and  a  general  feel  for  the  restrictions 
placed  upon  this  practice  by  vehicle  influence  was  also  obtained.  Consideration  of 
operational  and  technical  constraints  imposed  on  each  configuration  during  the  period 
of  development,  e.g.  st^te-of-the-art  in  avionics,  propulsion,  materials,  weapon 
load  requirements,  weight,  etc. ,  ensured  the  use  of  consistent  evaluation  criteria. 
Inlet  types,  general  characteristics,  and  inlet/airframe  integration  features  were 
qualitatively  assessed  to  provide  the  basis  to  select  the  configurations  meeting 
the  overall  program  objectives.  Therefore,  the  Systems  Review  Study,  fortified 
by  systems  orientation,  ensured  the  use  of  realistic  configurations.  The  use 
of  analytically  derived  geometry  provided  information  that  was  applicable  to  the  tacti¬ 
cal  fighter  aircraft  class,  parametric  in  nature,  and  of  general  interest  in  the  investi¬ 
gation  of  subsonic  and  supersonic  aircraft  flow  fields. 

The  Systems  Review  and  Design  Selection  Task  emphasized  the  utiliza¬ 
tion  of  design  trends  envisioned  for  high  performance  supersonic  aircraft  of  the 
near  term  future.  Consequently,  the  selected  geometric  characteristics  are  judged 
to  be  representative  of  a  spectrum  of  geometry  that  may  find  practical  application. 
These  selections  are  summarized  below. 


Aircraft  Nose 

Geometric  Parameters 

Primary 

Alternate 

Nose  Cone  Equivalent  Included  Angle 

20° 

27° 

Nose  Cone  Initial  Included  Angle 

25° 

32° 

Nose  Cone  Fineness  Ratio 

2.83 

1.69 

Nose  Droop  Angle 

7.  5® 

7.5° 

Radome  Maximum  Diameter 

40" 

40" 

Nose  Cone  Snape 

Ogival 

Ogival 
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n  Canopy 


Geometric  Parameters 

Primary 

Alternate 

Canopy  Fineness  Ratio 

9.0 

16.3 

Canopy  /Fuselage  Size  Factor 

0.275 

0.298 

Longitudinal  Location 

0.500 

0.450 

Windshield  Shape 

Flat  Center 

Panel 

Rounded 

IE  Fuselage 

Seven  fuselage  cross-sectional  shapes  were  selected.  The  dual  basis 
of  selection  was  that  the  shapes  encompass  a  wide  range  of  general  geometric 
shapes  and  in  addition  they  are  representative  of  29  of  the  configurations 
studied.  These  shapes,  together  with  their  geometric  characteristics,  are 
shown  on  Figure  3-7  and  discussed  in  paragraph  3.4. 

IV  Wing 

A  decision  was  made  to  investigate  only  the  high  wing  position.  This 
selection  appears  justified  by  the  trend  evidenced  from  the  Systems  Review 
in  which  the  high  wing  concept  predominated.  In  addition,  a  wing  sweep  of 
55°  and  a  wing /fuselage  juncture  located  at  40%  of  the  aircraft  length  were 
selected  to  be  compatible  with  the  requirements  of  high  performance  super¬ 
sonic  aircraft  in  the  45,000  lb  gross  wt  class. 

V  Inlet 

To  provide  added  flexibility  to  the  objectives  of  the  overall  study 
program,  two  basic  inlet  types  were  selected  for  investigation,  (1)  the 
two-dimensional,  external  compression,  horizontally  mounted  ramp  inlet 
and  (2)  an  external  compression,  axisymmetric  inlet.  Furthermore,  the 
size  and  the  initial  location  of  these  inlets  are  consistent  with  supersonic 
aircraft  designed  to  meet  stringent  maneuverability  requirements  in  the 
45,000  lb  gross  wt  class. 
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The  size  factor  selected  for  both  inlets  (0.550)  is  considered  to  be 
representative  of  FX  configurations,  and  as  such  reflects  the  postulated  future  require¬ 
ment  needed  for  maneuverability. 

The  radial  and  circumferential  location  of  the  selected  inlets  is  consistent 
with  the  design  of  the  majority  of  the  aircraft  in  the  Review.  The  forward  longitudinal 
location  of  the  inlet  at  30%  of  the  aircraft  length  was  selected  to  be  upstream  of  the 
wing/fuselage  juncture.  The  aft  position,  at  50%  of  the  aircraft  length,  assures  that 
the  inlets  are  located  behind  the  wing  shock  pattern. 


The  selected  inlet  characteristics  are  summarized  below. 


Geometric  Parameters 

Two-Dimensional 

Axisymmetric 

Inlet  Size  Factor 

0.550 

0.550 

Aspect  Ratio 

1.4 

1.00 

Longitudinal  Location  -  Fwd  Position 

0.3 

Longitudinal  Location  -  Aft  Position 

0.500 

0.500 

Radial  Location 

1.60 

1.60 

Circumferential  Location 

o 

O 

CTi 

90° 

Assume  Aircraft  Length 

65 » 

5* 

Following  selection  of  the  inlet  geometric  characteristics,  a  detail 
inlet  design  study  was  made  to  define  the  inlet  compression  surfaces  and  to  estimate 
the  resultant  total  pressure  recovery  and  mass  flow  characteristics.  This  study 
produced  2  fixed  geometry  designs  with  acceptable  total  pressure  recovery  levels  and 
mass  flow  ratios  matched  to  a  postulated  advanced  technology  engine. 
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SECTION  IV 

THEORETICAL  ANALYSES 


4. 0  General 

A  major  program  objective  was  an  evaluation  of  the  ability  of  a  simplified 
analytical  technique  to  estimate  the  complex  flow  fields  engendered  by  the  vehicle 
fuselage.  The  procedure  was  to  select  a  simple  straightforward,  yet  potentially 
accurate,  calculation  methodology  and  employ  it  to  estimate  the  flow  field  for  each 
of  the  selected  fuselage  configurations.  These  estimates  were  compared  to  the  ex¬ 
perimentally  derived  flow  field  characteristics  during  the  "Data  Analysis  and  Corre¬ 
lation"  task,  thereby  establishing  its  value  as  a  preliminary  design  tool.  In  addi¬ 
tion,  it  was  hoped  that  the  comparison  of  analytical  and  experimental  results  would 
lead  to  a  set  of  empirical  rules  useful  in  the  refinement  of  the  basic  technique. 

Following  selection  of  the  vehicle  geometries,  a  set  of  analytical  computations 
describing  the  aircraft  flow  fields  was  generated.  These  computations  were  made 
for  free-stream  conditions  of  Mach  number,  angle  of  attack,  angle  of  side  slip, 
and  flow  properties  corresponding  to  those  expected  in  the  wind  tunnel.  The  actual 
flow  fields  encountered  were  generally  three-dimensional  in  character,  particularly 
for  the  cases  of  high  inclination  and/or  nonelementary  forebody  geometry.  General 
flow  field  solutions  for  these  cases  are  not  available,  although  some  inroads  have 
been  made  into  certain  sets  of  restricted  problem  areas.  These  would  include,  for 
example,  inviscid  solutions  for  the  supersonic  case  by  means  of  the  numerical  three- 
dimensional  method-of-characteristics  and  also  numerical  solutions  to  the  boundary 
layer  equation  in  three  dimensions  for  a  very  restricted  set  of  cases.  Because  of 
the  limited  utility  of  the  approaches  typified  by  those  above  (in  addition  to  the  time 
required  to  obtain  useful  solutions),  these  "more  general"  methods  have  not  easily 
found  their  way  into  preliminary  design  and  analysis,  but  rather  have  found  appli¬ 
cation  either  as  a  last  resort  when  all  else  fails  or  in  research  studies.  The 
estimating  methods  used  in  the  current  program  are  typical  of  those  generally  used 
in  the  aircraft  industry  and  consist  largely  of  simple  application  of  well-known 
analytical  techniques  as  described  below. 


UNCLASSIFIED 

60 


UNCLASSIFIED 


For  the  supersonic  speed  regime,  present  state-of-the-art  theories  are  well 
suited  to  a  preliminary  flow  field  investigation  where  the  object  is  to  establish  basic 
aero/thermodynamic  characteristics.  These  analytical  tools  can  be  used  alone  for 
the  analysis  of  flow  fields  generated  by  elementary  fuselage  shapes,  (conical,  etc. ), 
or  they  can  be  used  in  combination  to  analyze  the  flow  fields  generated  by  complex 
fuselage  shapes. 

For  the  subsonic  speed  regime,  even  with  a  substantial  degree  of  compres¬ 
sibility  present,  the  dominant  airframe/inlet  interaction  for  practical  configurations 
stems  from  the  influence  of  the  viscous  part  of  the  external  flow  field.  In  a  sense, 
this  is  fortunate  because  of  the  difficulty  of  analyzing  complex  subsonic  inviscid  flow 
fields.  Moreover,  the  subsonic  inviscid  flows  are  so  intimately  related  to  the  effects 
of  viscosity  that,  even  for  simple  flows,  straightforward  application  of  the  existing 
analytical  tools  will  not  in  general  approximate  the  physical  phenomena  when  flow 
separation  or  vortex  generation  is  present.  For  these  cases  reliance  can  be  placed 
on  the  experimental  data  to  estimate  the  streamline  patterns  in  hand.  A  streamtube 
analysis,  which  is  essentially  one-dimensional  in  nature,  can  be  applied  within  each 
streamtube  and  resulting  kinematic  and  thermodynamic  properties  computed  to  develop 
an  empirical  solution. 

The  following  subsections  describe  the  effort  for  this  part  of  the  program. 

The  techniques  employed  for  the  analyses  are  also  discussed. 

4. 1  Approach 

For  the  supersonic  speed  regime,  the  vehicle  flow  field  was  estimated 
by  the  following  procedures: 

•  A  series  of  planes  is  established  around  the  periphery  of  the 
fuselage,  each  emanating  from  the  centerline.  An  example  is 
shown  schematically  in  Figure  4-1. 

•  The  flow  properties  are  calculated  for  each  plane  along  the 
contour  developed  at  the  intersection  of  the  plane  and  the 
basic  contour  line  of  the  fuselage.  The  technique  used  is 

a  simple  two-dimensional  or  axisymmetric  method,  which¬ 
ever  is  more  appropriate,  initially  disregarding  adjacent 
flows. 
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•  The  estimated  characteristics  are  adjusted  to  account  for 
transverse  flow  potential  by  bringing  locally  adjacent  points 
in  the  flow  field  into  equilibrium  by  modifying  both  static 
pressure  and  streamline  direction. 

As  a  result  of  this  procedure,  crude  steady-state  profiles  of  the  flow  field 
can  be  developed. 

To  develop  the  inviscid  portion  of  the  flow  field,  two-dimensional,  conical, 
and  axisymmetric  inviscid  analyses  were  applied. 

For  the  analysis  of  inviscid  two-dimensional  flow  fields  in  the  supersonic 
regime,  the  shock-expansion  method,  which  utilizes  the  Rankine-Hugoniot  oblique- 
shock-wave  relations  and  the  conventional  Prandtl-Meyer  relations,  (Reference  5), 
was  applied.  A  digital  computer  program  is  used  to  calculate  the  complex  inviscid- 
flow  fields  involved  in  a  study  of  this  type.  The  main  program  treats  flow  fields 
in  which  two  family  compression/expansion  wave  interactions  are  involved  and  has 
the  capability  of  simultaneously  analyzing  the  interaction  of  up  to  60  waves.  The 
main  program  is  serviced  by  12  subroutines,  two  of  which  can  also  be  used  inde¬ 
pendently  to  analyze  flow  fields  made  up  of  simple  compressions  or  expansions.  The 
program  performs  a  two-dimensional  calculation  employing  the  "field  technique"  for 
a  thermally  perfect,  calorically  imperfect  gas.  A  simple  compression  is  treated  by 
using  the  conventional  oblique-shock -wave  equations.  The  upstream  flow  conditions 
and  the  surface  contour  are  known,  and  the  flow  field  is  determined  by  successively 
calculating  the  change  in  properties  across  each  compression  wave.  The  appropriate 
value  of  "gamma",  the  adiabatic  exponent,  is  selected  by  an  iterative  solution  for  the 
average  temperature  across  each  wave.  This  adiabatic  process  is  also  used  to  solve 
the  isentropic  compression  case  by  considering  the  surface  to  be  made  up  of  a  large 
number  of  small  discontinuities  in  slope  rather  than  one  of  continuous  curvature. 

This  yields  a  solution  extremely  close  to  the  isentropic  case.  A  flow  expansion  is 
treated  as  an  isentropic  process  determined  by  the  surface  contour  and  the  approach¬ 
ing  flow  conditions.  Prandtl-Meyer  relationships  are  used  in  the  calculation.  An 
iterative  solution  is  again  employed  to  select  the  appropriate  average  gamma. 

Analysis  of  the  more  complex  portion  of  the  flow  field,  with  wave  interaction  involved, 
requires  an  extension  of  the  straightforward  procedures  described  above.  This 
wave  interference  case  is  handled  by  the  basic  techniques  described  above,  used  in 
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conjunction  with  a  test  procedure,  to  identify  the  interaction  and  a  trial  and  error 
solution.  The  program  identifies  the  type  of  interaction  occurring  as  compression/ 
compression  or  compression/expansion  for  either  the  wave/wave  or  wave/wall  case. 
The  proper  calculation  procedure  across  each  wave  is  then  selected  and  a  solution 
for  the  condition  downstream  of  each  wave  is  made  by  iterating  until  the  values  of 
static  pressure  and  streamline  direction  downstream  of  each  interacting  wave  are 
equal. 


The  technique  developed  for  treatment  of  an  axisymmetric  flow  field  is  the 
solution  for  the  inviscid  flow  field  about  an  unyawed  circular  cone.  The  technique 
yields  an  exact  solution  for  the  real  gas  case  and  is  derived  primarily  from  a 
method  illustrated  in  Reference  7.  The  solution  is  iterative  in  nature  whereby  the 
approaching  flow  conditions  ana  cone  angle  are  given.  The  shock  angle  is  approxi¬ 
mated  and  the  conditions  downstream  are  calculated,  including  the  tangential  velocity. 
For  the  shock  wave  approximation,  the  conditions  at  the  body  are  calculated.  This 
procedure  is  repeated  until  the  shock  wave  selected  results  in  satisfaction  of  the 
boundary  condition  at  the  body.  The  shock  layer  is  then  divided  into  a  finite  number 
of  divisions,  each  enclosed  between  rays  emanating  from  the  apex.  The  flow 
properties,  constant  along  each  of  these  rays,  are  then  calculated  and  the  complete 
conical  flow  field  from  shock  to  body  is  known.  The  conventional  oblique  shock  wave 
equations  are  employed  to  calculate  the  change  in  flow  field  characteritics  down¬ 
stream  of  the  conical  section  due  co  forebody  flare  and  turning. 

in  addition  to  the  solutions  provided  by  the  preceding  cases,  an  accurate 
method  of  characteristics  solution  for  supersonic  flow  about  general  two-dimensional 
and  axisymmetric  bodies  has  been  developed.  The  program  computes  the  steady- 
state  inviscid  flow  properties  in  the  supersonic  region  of  the  shock  layer  for  bodies 
with  arbitrary  nose  shapes.  The  program  is  applicable  to  both  ideal  and  real  gases 
in  chemical  and  thermal  equilibrium.  The  calculation  can  be  initiated  either  by 
specifying  initial  data  along  a  noncharacteristic  or  first-family  characteristic  direc¬ 
tion  or  by  prescribing  data  along  the  supersonic  portion  of  an  assumed  shock  shape 
consistent  with  the  nose  geometry  of  the  body.  If  the  latter  option  is  chosen,  the 
program  generates  its  own  characteristic  net  to  the  body  surface  consistent  with  the 
assumed  shock  wave  shape.  With  the  nitial  characteristic  line  determined,  the 
program  then  continues  to  calculate  the  downstream  flow  field  properties  and  shock 
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wave  shape  for  the  prescribed  body  contour.  This  option  can  be  used,  therefore,  to 
determine  the  nose  shock  shape  and  detachment  distance  by  an  indirect  iterative 
process.  An  intrinsic  advantage  is  available  in  the  method  in  that  local  real  gas 
properties  are  used  in  constructing  the  characteristic  net  used  to  obtain  the  correct 
shock  shapes. 

The  calculation  of  downstream  flow  properties  includes  use  of  a  mass-entropy 
technique  to  determine  local  entropy  values  and  a  mass  balancing  technique  to  ensure 
proper  accounting  of  the  total  mass,  thereby  vastly  decreasing  cumulative  errors  in 
local  flow  properties. 

4. 2  Example  Calculation 

An  example  flow  field  calculation  is  presented  below  to  illustrate  application 
of  the  analytical  technique.  A  vehicle  fuselage,  representative  of  the  tactical  air¬ 
craft  class,  was  selected  for  this  calculation.  It  is  shown  in  Figure  4.  2.  Also 
shown  ’  9  a  series  of  cross-sections  depicting  the  development  of  five  basic  contour 
lines  at  the  intersection  of  five  centerline  planes  with  the  airframe.  These  contour 
lines  were  developed  at  20-degree  intervals  around  the  fuselage  periphery.  The  sector 
chosen  for  analysis  is  applicable  to  the  investigation  of  a  side-mounted  inlet  configura¬ 
tion.  Although  five  planes  have  been  used  to  make  up  the  sector,  the  detailed  calcu¬ 
lation  of  one  of  the  flow  fields  will  suffice  to  illustrate  the  technique. 

The  contour  used  for  the  calculation  is  at  45  degrees  from  the  vertical.  It 
develops  initially  as  a  cone  followed  by  an  ogival  expanding  turn.  Approximately  255 
inches  downstream  of  the  leading  edge,  the  continuous  surface  curvature  is  inter¬ 
rupted  by  the  presence  of  the  canopy.  The  flight  conditions  used  in  the  calculation 
are  =  2. 0  at  an  altitude  of  36, 089  feet  with  the  fuselage  at  an  angle  of  attack  of 
7. 66  degrees  and  zero  angle  of  yaw.  The  solution  Includes  consideration  of  the  angle 
of  attack  and  yaw.  For  example,  the  angle  of  attack  is  applied  directly  in  the  calcu¬ 
lation  of  a  vertical  plane  while  the  angle  of  yaw  is  used  directly  for  a  horizontal  plane. 
As  we  deviate  from  these  planes,  an  effective  angle  is  computed.  For  example,  the 
effective  angle  of  attack  for  a  horizontal  plane  is  zero,  regardless  of  the  actual  angle 
of  attack. 
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Figure  4-2.  Concluded 
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The  inviscid  portion  of  the  flow  field  from  the  forebody  nose  to  the  canopy 
leading  edge  shock  wave  was  estimated  by  applying  the  axisymmetric  method  of 
characteristics  to  the  effective  forebody  contour  line,  while  the  shock-expansion 
technique  was  utilized  to  estimate  the  flow  field  starting  from  the  canopy  leading 
edge  shock  wave.  The  thermodynamic  properties  calculated  from  the  shock  to  the 
body  immediately  upstream  of  the  canopy  leading  edge  shock  wave  by  the  method  of 
characteristics  solution  were  used  as  input  for  the  shock  expansion  calculation. 
Development  of  this  flow  field  is  shown  in  Figure  4-3.  The  selection  of  the  region 
between  Stations  232  and  252  to  display  this  mesh  size  is  simply  for  illustrative 
clarity.  Once  the  two-dimensional  canopy  shock  wave  is  immersed  in  the  flow  field, 
the  mesh  size  is  increased  to  avoid  the  necessity  for  calculating  a  multitude  of  very 
weak  shock  interactions.  To  accomplish  this,  the  variation  in  properties  across  the 

4 

upstream  flow  field  is  plotted  and  the  values  at  discrete  intervals  are  used  to  initiate 
the  shock  expansion  calculation.  In  this  manner,  the  tiresome  chore  of  computing 
the  essentially  negligible  wave  interactions  is  avoided  and  the  analysis  remains 
relatively  simple. 

To  complete  the  entire  flow  field  calculation,  for  the  sector  of  interest, 
the  same  procedure  is  followed  for  each  of  the  remaining  planes.  Upon  completing 
the  individual  flow-field  calculations,  a  vector  analysis  is  used  to  estimate 
transverse  flow  effects  between  adjacent  planes.  This  is  done  by  taking  the  point 
of  interest  in  the  flow  field  plus  one  locally  adjacent  point  on  each  of  the  surrounding 
planes  and  performing  a  wave  interference  calculation  in  the  transverse  plane 
approximated  by  the  tt.^ee  point  3  and  their  local  flow  inclination.  For  example, 
shown  schematically  in  Figure  4-1  is  a  transverse  plane  that  has  been  cut  through 
primary  planes  1,2,  and  3.  To  estimate  the  transverse  flow  potential  in  the  region 
of  point  B  on  plane  2,  the  thermodynamic  properties  are  needed  there  plus  those  of 
points  A  and  C  on  planes  1  and  3  respectively,  which  are  locally  adjacent  to  point  B. 
With  this  information,  a  simple  wave-interference  calculation  is  introduced  to  solve 
for  the  downstream  streamline  angle  of  point  B,  in  the  transverse  plane,  as  well  as 
the  thermodynamic  properties.  The  wave-interference  calculation  is  established 
by  assuming  that  the  variation  in  flow  properties  between  points  B  and  A  and  points 
B  and  C  occurs  discontinuously,  and  then  representing  this  discontinuous  change 
in  the  form  of  a  simple  compression  or  expansion  wave.  As  this  wave  passes 
through  the  boundary  between  each  stream,  second-family  reflected  waves  are 
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generated  from  the  intersection  of  the  stream  boundary  and  the  primary  wave. 

The  strength  and  character  of  the  reflected  wave  is  determined  by  the  requirement 
that  the  downstream  static  pressures  and  streamtube  flow  inclinations  on  both  sides 
of  the  boundary  must  match,  and,  as  a  result,  the  flow  direction  at  point  B  as  well 
as  the  thermodynamic  properties  in  the  transverse  plane  are  roughly  determined. 

The  corrected  values  are  input  into  a  digital  program  designed  to  plot 
constant  value  contours  for  any  specified  parameter.  This  program  employs  a 
linear  interpolation  between  parameter  input  points,  to  select  the  characteristics 
of  the  constant  value  contour  lines.  An  example  output  displaying  local  angle  of  attack, 
is  shown  in  Figure  4-4.  Inspection  of  the  figure  reveals  a  trend  that  might  be  ex¬ 
pected  from  the  fuselage  configuration  test  condition  combination. 


4.  3  Substantiation  of  Theoretical  Approach 

The  theoretical  determination  of  flow  properties  about  the  fuselage,  as  des¬ 
cribed  in  the  previous  section,  can  only  be  considered  a  first  order  approximation  to 
the  actual  flow  pattern.  In  general,  the  flow  about  an  airplane  fuselage  is  highly 
three-dimensional  and  would  require  a  three-dimensional  flow  calculation  scheme 
in  order  to  accurately  determine  the  flow  properties  away  from  the  body  surface. 

An  exact  solution  of  this  type  would  involve  a  lengthy  and  complicated  three-dimen¬ 
sional  characteristics  solution  of  which  some  existing  approaches  are  in  themselves 
subject  to  serious  criticism. 

The  absence  of  a  convenient  exact  theoretical  method  has  prompted  the 
development  of  more  convenient  approximate  procedures  which  are  of  greater  utility 
to  the  design  engineer.  As  a  result,  several  approximate  methods  similar  to  the 
method  proposed  in  this  study  have  been  ■'•jveloped  for  application  to  both  supersonic 
and  hypersonic  three-dimensional  flow  fields. 

In  Reference  8  a  generalized  shock  expansion  procedure  was  utilized  in 
meridian  planes  to  calculate  the  flow  field  al>out  a  body  of  revolution  at  small  angles 
of  attack.  A  comparison  of  the  numerical  results  of  that  method  with  experimental 
data  showed  good  agreement  for  surface  pressures  and  Mach  numbers  at  angles  of 
attack  up  to  15  degrees.  A  refinement  of  thi  s  procedure  was  presented  in  Reference 
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Figure  4-4.  Alpha  Contour 

Alpha  =  7.66°  M  -  2.0 
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9  for  arbitrarily  shaped  conical  bodies  at  zero  incident  as  well  as  at  angle  of  attack. 
The  method  presented  in  Reference  9  is  based  on  the  equivalent  cone  theory  with 
corrections  to  account  for  pressure  exchange  between  meridian  planes.  The  results 
of  this  theoretical  approach  are  shown  to  agree  remarkably  well  with  experimental 
results  for  elliptic  cone  and  circular  cones  at  angle  of  attack. 

A  modification  of  this  method  was  applied  in  Reference  10  to  pointed  elliptical 
cones  followed  by  compression  surfaces.  Although  there  existed  some  question  as 
to  the  validity  of  the  experimental  pressures  along  the  major  axis  of  the  elliptic  fore¬ 
body,  good  agreement  between  theory  and  experiment  was  achieved  for  the  pressures 
along  the  minor  axis  of  the  body. 

Based  on  the  favorable  results  presented  in  References  8,  9,  and  10,  it  was 
believed  that  the  theoretical  approach  utilized  during  this  program  to  determine  the 
flow  field  properties  about  the  forward  portion  of  the  fuselage  possessed  the  potential 
to  yield  adequate  engineering  estimates  required  in  the  design  stage  of  the  study.  A 
final  assessment  of  the  method,  determined  from  a  comparison  with  the  experimental 
data,  is  discussed  in  the  data  analysis  section  of  the  report. 
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SECTION  V 

WIND  TUNNEL  MODEL 


5.0  General 

With  the  vehicle  component  characteristics  chosen,  it  remained  to  design  a 
wind  tunnel  model  capable  of  efficiently  providing  the  many  geometry  variations  to 
be  explored  while  also  providing  that  data  required  to  document  both  the  vehicle  flow 
field  and  inlet  performance. 

Based  upon  a  representative  tactical  aircraft  length  of  sixty  five  feet,  test 
facility  sizing  criteria  led  to  the  selection  of  a  0.083  model  scale. 

The  program  objectives  dictated  the  testing  of  five  basic  model  arrangements; 

namely 

•  Format  I  —  Tests  of  the  fuselage  alone  during  which  the  induced  flow 
field  is  surveyed  at  that  station  representing  thirty  (30)  percent  of  the 
overall  aircraft  length  (ACL).  In  addition  to  the  flow  field  properties, 
the  fuselage  static  pressure  distribution  is  recorded  along  several 
longitudinal  rays.  During  these  tests  the  nose,  canopy,  and  fuselage 
geometry  are  varied. 

•  Format  II  —  Tests  of  the  two-dimensional  inlet  installed  at  the  thirty 
(30)  percent  ACL  station.  During  these  tests  the  inlet  performance 
characteristic  of  total  pressure  recovery  versus  mass  flow  ratio  is 
documented  for  combinations  of  nose,  canopy,  and  fuselage  geometry. 

•  Format  III  —  Tests  of  both  the  axisymmetric  and  two-dimensional 
inlets,  installed  at  the  fifty  (50)  percent  ACL  station.  This  location 
places  the  inlet  under  the  aircraft  wing.  During  these  tests  the  inlet 
total  pressure  recovery  and  mass  flow  ratio  are  recorded  for  combina¬ 
tions  of  wing  and  fuselage  geometry. 

•  Format  IV  —  Tests  of  the  fuselage /wing  combination  during  which  the 
induced  flow  field  under  the  wing  is  surveyed  at  the  fifty  (50)  percent 
ACL  station.  In  addition  to  the  flow  field  properties,  the  fuselage 
static  pressure  distribution  is  recorded  along  several  longitudinal  rays. 
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During  these  tests  the  wing  and  fuselage  geometry  are  varied. 

•  Format  V  —  Tests  of  the  isolated  two-dimensional  and  axisymmetric 
inlets.  During  these  tests  the  inlet  total  pressure  recovery  and  mass 
flow  ratio  are  recorded. 

The  pressure  measurements  required  for  the  test  program  consisted  of 
fuselage  static  pressure,  fuselage  flow  field  static  and  stagnation  pressure,  inlet 
duct  static  pressure,  and  inlet  duct  stagnation  pressure  at  the  hypothesized  engine 
face  location.  Those  measurements  required  for  each  of  the  test  formats  is  pre¬ 
sented  in  the  table  below. 


Instrumentation 

Test  Format 

I 

n 

in 

IV 

V 

1) 

fuselage  static  pressure 

X 

X 

X 

X 

2) 

fuselage  flow  field  static  and 
stagnation  pressure 

X 

X 

3) 

inlet  duct  static  pressure 

X 

X 

X 

4) 

inlet  duct  stagnation  pressure 

X 

X 

X 

To  minimize  both  data  recording  and  model  change  times,  scan' valves  were  in¬ 
corporated  into  the  instrumentation  system. 


5.1  Design 

A  building  block  concept  was  chosen  as  best  suited  to  the  progi  ?m  require¬ 
ments.  The  model  was  comprised  of  a  common  fuselage  section,  attached  to  the 
support  sting.  The  nose,  canopy,  fuselage  corner,  wing,  inlet,  and  flow  field  sur¬ 
vey  components  were  added  to  build  up  the  configuration.  This  approach  made 
possible  any  combination  of  components.  The  model  components  are  presented 
in  the  composite  photograph  in  Figure  5-1.  A  detail  drawing  of  the  fuselage  geometry 
is  presented  in  Figure  5-2.  The  fuselage  was  also  divided  longitudinally  with  the 
forward  section  employed  to  obtain  flow  field  surveys  and  installed  inlet  performance 
at  the  forward  station  (30%  ACL).  The  aft  fuselage  section  and  the  wing  were  then 
added  for  testing  at  the  aft  station  (50%  ACL).  Suspension  of  the  two  inlet  configura¬ 
tions  and  the  flow  field  survey  mechanism  from  the  model  support  sting  permitted 
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Figure  5-2.  Fuselage  Geometry 
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the  independent  installation  and  removal  of  these  components  thereby  providing  an 
efficient  means  of  performing  the  isolated  inlet  tests  and  the  calibration  tests  of  the 
survey  mechanism.  Detail  drawings  of  the  installed  two-dimensional  and  axisym- 
metric  inlets  are  shown  in  Figures  5-3  and  5-4  respectively. 

5. 1. 1  Flow  Field  Survey  System 

Three  (3)  conical  pitot-static  probes,  mounted  on  a  remotely  actuated  drive 
system,  were  employed  to  document  the  fuselage  flow  field  properties.  The  probes 
were  0. 125  inch  in  diameter  with  an  included  cone  angle  of  40  degrees.  Each  probe 
incorporated  a  pitot  in  the  nose  and  four  (4)  static  pressure  taps  spaced  equidistantly 
around  the  periphery  of  the  cone  surface.  The  static  taps  were  located  along  the 
cone  surface  at  a  point  slightly  aft  of  midway  between  the  probe  leading  edge  and 
the  cone  shoulder.  The  probes  were  fixed  to  a  horizontal  strake,  with  a  spacing  of 
1.4  inches.  The  strake,  in  turn,  was  attached  to  the  drive  mechanism  capable  of 
imparting  a  horizontal,  vertical,  and  angular  motion.  The  first  two  (2)  motions 
served  to  position  the  probes  in  the  flow  field;  the  third  was  used  to  roughly  align 
the  probes  with  the  locally  approaching  flow  such  that  calibration  limits  were  not 
exceeded.  The  horizontal  and  vertical  position  of  the  probes  plus  their  angularity 
were  recorded  by  potentiometers  geared  directly  to  the  drive  motors.  The  potentio¬ 
meter  readings  were  automatically  relayed  to  the  data  reduction  system  and  con¬ 
verted  into  inches  of  travel  and  relative  angle.  For  each  test  condition  the  probes 
were  positioned  at  a  series  of  predetermined  horizontal  and  vertical  locations  to 
obtain  a  documentation  of  the  flow  field.  The  angular  drive  was  designed  to  rotate 
the  probes  aboul  their  tips.  Consequently,  the  horizontal  and  vertical  location  was 
set,  for  each  data  point,  and  then  the  probes  were  pitched  toward  alignment  with  the 
local  flow  field.  Approximate  alignment  was  determined  from  the  visual  read  out  of 
a  pressure  differential  trt..  sducer  installed  between  the  two  vertical  static  taps  of 
the  probe  closest  to  the  fuselage.  Experimentally  derived  calibration  criteria  plus 
the  five  pressure  values  for  each  probe  were  used  to  determine  the  local  Mach 
number,  static  pressure,  stagnation  pressure,  angle  of  pitch,  and  roll  angle.  A 
detail  drawing  of  the  system  is  presented  in  Figure  5-5.  Photographs  of  the  unit 
are  presented  in  Figure  5-6.  Details  of  one  pitot-static  conical  probe  are  presented 
in  Figure  5-7. 
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Figure  5-3,  Two-Dimensional  Inlet 
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Figure  5-4.  Axisyrametric  Inlet 
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Figure  5-5.  Flow  Field  Survey  Mechanism] 
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Figure  5-5.  Flow  FielJ  Survey  Mechanism 
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Figure  5-6.  Flow  Field  Survey  Mechanism 
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Figure  5-7.  Cone  Probe  Details 
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5. 1. 2  Inlet  Dact  Total  Head  Rake 

During  the  inlet  testing,  (Formats  n,  HI,  and  IV),  a  total  head  rake  was  in¬ 
stalled  in  the  inlet  duct  at  the  hypothesized  engine  face  station.  The  rake  contained 
20  total  head  probes  mounted  on  5  radial  struts.  The  probes  were  located  to  insure 
an  area  weighted  recording  of  the  duct  stagnation  pressure.  One  of  the  stagnation 
probes  was  connected  to  a  high  response  transducer  with  the  remaining  19  probes  used 
to  record  the  steady  state  stagnation  pressures.  Five  static  pressure  taps  were  in¬ 
stalled  in  the  duct  wall,  at  the  rake  station,  to  record  the  duct  local  static  pressure. 

The  pressures  obtained  from  the  probe  designated  for  high  frequency  re¬ 
cording  (tube  #183)  was  connected  through  a  high  frequency  transducer  (CEC-312)  to 
a  tape  recorder  where  the  values  were  printed  out  in  a  continuous  trace  for  each 
run.  Unfortunately,  trouble  was  experienced  with  the  transducer  during  the  test 
program  and  the  data  obtained  was  of  no  value. 

5.1.3  Mass  Flow  Meter 

Throttling  of  the  inlet  mass  flow  ratio  was  accomplished  with  a  translating 
conical  plug  installed  immediately  downstream  of  the  subsonic  diffuser  exit.  Transla¬ 
tion  of  the  plug  varied  the  exit  area  of  the  duct.  Two  static  pressure  taps  were  in¬ 
stalled  at  the  diffuser  exit  to  monitor  plug  operation. 

The  primary  function  of  the  mass  flow  plug  was  to  vary  inlet  mass  flow 
from  supercritical  down  through  subcritical  operation. 

In  the  8'  x  7*  tunnel  sufficient  on  line  data  was  available  to  permit  the  moni¬ 
toring  of  the  inlet  pressure  recovery  characteristics  being  generated.  In  addition, 
a  pressure  differential  transducer  was  installed  between  2  of  the  static  pressure  taps 
located  in  the  subsonic  diffuser  and  the  variation  of  static  pressure  was  monitored 
visually.  The  variation  in  pressure  differential,  as  a  function  of  mass  flow  plug 
position,  provided  an  indication  of  terminal  shock  location. 

On  line  data  was  not  available  in  the  6’  x  6’  tunnel  and  as  a  result  only 
visual  monitoring  was  possible.  The  differential  pressure  transducer  was  employed  to 


( 
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estimate  the  terminal  shock  location.  In  addition,  the  inlet  shock  structure  was 
observed  on  the  Schlieren  screen  as  a  function  of  mass  flow  plug  position,  and 
appropriate  plug  settings  were  selected.  To  illustrate  this  technique  Figure  5-8 
presents  a  series  of  Schlieren  photographs  taken  during  a  run  at  Mach  2.2,  at 
an  angle  of  attack  of  0°,  with  the  2-dimensional  inlet  located  at  30%  ACL.  The 
inlet  is  hidden  in  the  shadow  of  the  fuselage.  However,  the  inlet  cowl  shock  is 
visible  beneath  the  fuselage  bottom  BCL.  This  typical  run  was  monitored  in  the 
following  manner. 

a)  The  mass  flow  plug  is  retracted ,  the  cowl  shock  wave  appears  clean 
indicating  supercritical  operation. 

b)  The  plug  has  been  moved  toward  closure  until  the  visually  observed 
duct  static  pressure  differential  indicates  thrt  the  terminal  shock  is 
approaching  the  inlet  throat.  The  inlet  cowl  shock  is  still  very  clean 
indicating  supercritical  operation. 

c)  The  plug  has  been  moved  until  the  observed  shock  suddenly  thickens, 
indicating  that  the  terminal  shock  moved  from  inside  the  duct  to  a 
position  immediately  forward  of  the  cowl  leading  edge.  For  an  external 
compression  system  this  represents  operation  close  to  the  critical  point. 

d)  The  plug  has  been  throttled  until  the  observed  shock  structure  becomes 
wide  spread,  indicating  increased  spillage  in  the  region  of  the  cowl 
leading  edge  and  subcritical  operation. 

e)  The  plug  has  been  throttled  further  to  obtain  a  lower  mass  flow  opera¬ 
ting  point.  The  shock  structure  has  remained  steady  throughout  the 
entire  run. 

5.1.4  Inlet  Throat  Bleed  System 

During  inlet  testing  a  small  percentage  of  the  ingested  inlet  mass  flow  was 
bled  from  the  inlet  in  the  region  of  the  throat.  This  bleed  flow  was  discharged  over- 
board  through  a  cavity  in  the  inlet  wall.  Two  static  taps  (#191  and  #192)  were  in¬ 
stalled  in  the  wall  at  the  exit  plane.  The  average  static  pressure  plus  the  cavity 
area  was  used  to  estimate  the  bleed  flow  rate.  The  bleed  systems  for  both  the  two- 
dimensional  and  axisymmetric  inlets  were  designed  to  bleed  8%  of  the  theoretical 
inlet  mass  flow  at  the  Mach  2.2  test  condition.  The  two-dimensional  inlet  was 
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designed  to  bleed  the  flow  through  a  flush  slot  located  at  the  throat.  The  axisym- 
metric  inlet  bled  the  flow  through  a  series  of  small  diameter  holes  located  immediately 
upstream  of  the  throat. 

5.1.5  Instrumentation 

The  model  pressure  instrumentation  arrangement  was  designed  to 
satisfy  three  constraints,  namely,  sufficient  density  for  adequate  documentation, 
compatibility  with  the  recording  capability  of  the  test  facility,  and  locations  permitting 
direct  comparison  with  theoretical  estimates. 

The  fuselage  static  pressure  taps  were  located  along  5  longitudinal  rays. 

The  stations  selected  for  the  location  of  individual  taps  permitted  both  longitudinal 
and  transverse  pressure  distributions  to  be  recorded.  Several  static  taps  were  also 
installed  in  the  undersurface  of  both  wings  in  the  region  of  the  inlet.  The  inlets  were 
also  fitted  with  static  pressure  instrumentation  along  the  subsonic  diffuser  wall,  at 
the  total  head  rake  station,  at  the  mass  flow  plug,  and  at  the  throat  bleed  system  exit. 

The  total  pressure  probes  were  installed  in  the  inlet  duct  total  head  rake  and 
in  each  of  the  conical  probes  in  the  flow  field  survey  rake. 

The  piessure  instrumentation  arrangement  is  shown  schematically  in 
Figures  5-9  through  5-11. 
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Figure  5-9.  Instrumentation  Schematic  - 
Fuselage  Survey  at  30%  ACL 
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SECTION  VI 

EXPERIMENTAL  PROGRAM 


6. 0  General 

The  experimental  program  was  conducted  between  February  10  and  April  29, 

1969  in  the  NASA  Ames  6'  x  6’  and  8*  x  7'  wind  tunnels.  The  test  Mach  numbers  were 
0.8,  1.2,  1.8,  and  2.2  in  the  6'  x  6»  tunnel,  and  2.5  in  the  8*  x  7‘  tunnel.  At  each  Ma»-h 
number  an  angle  of  attack  range  between  -3. 0°  and  +25. 0°  was  investigated.  The  testing 
of  all  component  geometry  combinations  was  not  possible.  A  geometry  matrix  was 
selected  that  would  parametrically  display  the  effect  of  geometry  variation  while 
remaining  consistent  with  the  specified  tunnel  occupancy  time.  The  model  configura¬ 
tions  selected  for  testing  at  each  Mach  number  are  defined  in  Table  I. 

Test  results  were  continuously  monitored  by  inspection  of  on-line  data  print 
out  while  testing  in  the  8»  x  7*  tunnel,  inspection  of  uncorrected  data  during  tests  in 
both  the  6’  x  6'  and  8*  x  7'  tunnels,  and  by  visual  observation  using  the  Schlieren 
system. 


The  test  data  were  recorded  cn  magnetic  tape.  These  tapes  were  processed 
to  permit  automatic  plotting  of  the  pressure  data  and  test  parameters.  The  major 
presentation  of  the  reduced  data  was  in  the  form  of  plots  showing  the  variation  of 
flow  properties  for  the  different  test  conditions  and  configurations.  Presented  below 
is  a  summary  of  those  plots  made.  Plots  one  to  five  are  for  the  fuselage  with  no 
inlet,  plots  six  and  seven  are  for  the  fuselage  and  inlet  combined  and  plots  eight 
and  nine  are  for  the  inlet  alone. 


ted  Parameters 

Quantities  Plotted 

Variation  Parameter 

M®,  Configuration,  Ray 

P  vs  X 

Of,  0 

M®,  Ray  ,  a,  0 

PvsX 

Configuration 

M®,  Configuration,  a,  0 

Mach  Number  Map 

M«,  Configuration,  a,  0 

Local  angle  of  attack  map 

M®,  Configuration,  a,  0 

Side wa ah  angle  map 

Inlet,  M® 

NDj  vs  m/m® 

a,  0 
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Fixed  Parameters 

Quantities  Plotted 

Variation  Parameter 

7)  Inlet,  M» 

(Pj/Pt  )  vs  m/moo 

00 

a,  8 

8)  Inlet,  Moo 

Pj/Pj.  vs  m/moo 

CO 

a.  8 

9)  Inlet,  Moo 

vs  m/moo 

a,  8 

Several  photographs  were  taken  to  illustrate  the  model  installed  in  the  tunnel. 
Figure  6-1  shows  the  model  configured  for  Format  IV,  with  the  flow  field  probes 
located  at  50%  ACL.  Figure  6-2  presents  the  model  configured  for  Format  HI,  with 
both  inlets  shown  at  50%  ACL. 
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INSTALLED  MODEL  (FORMAT  IV) 


Fijure  6-1 


UNCLASSIFIED 

92 


UNCLASSIFIED 


INSTALLED  MODEL ( FORMAT  III) 


Figure  0-2 
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TABLE  I. 

WIND  TUNNEL  TEST  SCHEDULE 

Test  Data 

Block  Fuse.  Inlet  Loca.  Alter  Ihstr.  Format 


1  8 

2  6 

3  5 

4  4 

5  3 


6  3 


None 


None  IVP  I 


None 

N 


7 

8 
9 

10 

11 

12 

13 

14 

15 

16 

17 

18 

19 

20 
21 
22 

23 

24 

25 

26 

27 

28 
29 


3 

3 

2 

1 

1 

2 

3 

3 

3 

3 

4 
4 
3 
3 
2 
1 
1 
2 

3 

4 
4 
8 
6 


2D 


F 


'  t 

2D  W 


t 

A 


t 

None 

t 


tv 

1 


NC 

C 

None 


None 

N 

NC 

C 

None 

I 

None 

L 

None 


*  f 

PESM  II 


PESM  m 


NOTE:  See  page  95  for  symbol  definition, 
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TABLE  I  (Continued) 

WIND  TUNNEL  TEST  SCHEDULE 


Test 

Block 

Fuse. 

Inlet 

30 

5 

N 

one 

31 

3 

32 

3 

33 

2 

34 

1 

35 

None 

2D 

36 

A 

Loca.  Alter  Instr. 

W  None  ivp 

None 
L 

None 

ESM 

I  f  \ 
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Format 


IV 


V 
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DEFINITION  OF  SYMBOLS  FOR  TABLE  I 


2D 

A 

F 

W 

N 

C 

L 

IVP 

PESM 

ESM 

a 

0 

Data  Format  I 
Data  Format  II 
Data  Format  in 
Data  Format  IV 
Data  Format  V 


Two-dimensional  inlet 
Axisymmetric  inlet 
Forward  of  wing 
Aft  of  wing 
Alternate  nose 
Alternate  canopy 
Alternate  wing 

Inviscid  flow  rake,  viscous  flow  field  rake,  and  fuselage 
static  pressure  taps 

Fuselage  static  pressure  taps,  engine  face  rake,  duct 
static  pressure  taps  and  mass  flow  plug 

Engine  face  rake,  duct  static  pressure  taps  and  mass  flow  plug 
Angle  of  attack 
Angle  of  yaw 

Flow  field  survey  @  30%  ACL 
Inlet  installed  @  30%  ACL 
Inlet  installed  @  50%  ACL 
Flow  field  survey  @  50%  ACL 
Inlet  alone 


UNCLASSIFIED 


96 


UNCLASSIFIED 


SECTION  VII 
DATA  ANALYSIS 


7. 0  General 

This  section  presents  an  analysis  of  the  flow  field  and  inlet  performance 
data.  In  addition,  these  data  are  compared  with  the  analytical  predictions  and  the 
accuracy  of  the  analyses  are  evaluated.  Finally,  methods  for  improving  the  accu¬ 
racy  of  the  analyses  are  discussed. 

Chronologically,  the  influence  of  vehicle  geometry  upon  the  fuselage  flow 
field  characteristics  is  discussed  first.  This  is  followed  by  an  analysis  of  the  iso¬ 
lated  inlet  performance  and  the  integrated  inlet  performance. 

7. 1  Fuselage  Alone  (Data  Format  I) 

7.1.1  General 

This  section  is  concerned  with  an  analysis  of  the  data  obtained  at  the  for¬ 
ward  fuselage  station  (30%  ACL).  Format  I  examined  the  impact  of  vehicle  geometry 
upon  the  attendant  flow  field.  These  tests  included  the  investigation  of  each  of  the 
seven  (7)  fuselage  configurations.  In  addition,  the  effects  induced  by  canopy  and  nose 
geometry  were  examined.  For  these  tests  a  complete  matrix  of  the  four  (4)  possible 
combinations  of  primary  and  secondary  nose  and  canopy  was  investigated  in  conjunc¬ 
tion  with  fuselage  configuration  3. 

7. 1. 2  Nose  and  Canopy  Effects 
7. 1. 2. 1  General  Considerations 

As  an  aid  in  understanding  the  causal  relationships  underlying  the  variations 
of  the  measured  flow  field  properties  with  the  geometric  parameters,  and  with  angle 
of  attack,  certain  important  differences  in  the  nose  and  canopy  geometries  are  worth 
noting. 


First,  the  characteristics  of  the  noses  are  summarized  in  the  following 

table. 
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Primary  Nose  (PN) 

Secondary  Nose  (SN) 

Fineness  Ratio 

2.  83 

1.69 

Nose  Droop 

7.  5" 

7.5° 

Shape 

Ogival 

Ogival 

Semi  -  Vertex  Angle 

12.5° 

16° 

Initial  Slope  -  Top  Contour 

19.  5° 

23° 

Initial  Slope  -  Bottom  Contour 

5.  5° 

o 

O 

o> 

For  both  these  noses  the  fuselage  shape  factor  and  aspect  ratio  are  2. 13  and 
1.12  respectively,  where  both  these  parameters  are  defined  in  Section  III. 

The  characteristics  of  the  canopies  which  were  tested  in  combination  with 
these  noses  are  summarized  below. 

Primary  Canopy  (PC)  Secondary  Canop>  (SC) 


Fineness  Ratio 

9.0 

16.3 

Canopy/Fuselage  Size  Factor 

.275 

.298 

Windshield  Shape 

Flat 

Rounded 

Station 

10.5 

6.67 

Before  examining  the  flow  field  properties  which  were  measured  at  the  30% 
inlet  station  (in  the  absence  of  the  inlet)  for  the  different  nose  and  canopy  combinations 
described  above,  certain  effects  of  these  geometries  on  the  flow  can  be  expected. 

Thus,  the  effect  of  nose  droop  at  low  angles  of  attack  should  induce  a  local  downwash 
along  the  side  of  the  body.  This  is  a  consequence  of  the  pressure  differential  between 
the  top  and  bottom  contours  which  results  from  the  uneven  flow  deflections  at  the  vertex 
of  the  nose.  However,  as  may  be  seen  in  Figure  7-1,  the  30%  inlet  station  is  situated 
in  a  region  which  is  also  influenced  by  the  canopy.  The  windshield  induces  a  high  local 
pressure  and  an  abrupt  change  in  flow  angularity  and  Mach  number.  This  is  followed 
by  a  rrpid  expansion  around  the  side  of  the  canopy,  that  again  introduces  large  changes 
in  pressure,  flow  angularity,  and  Mach  number.  Consequently,  the  flow  undergoes  two 
significant  changes  in  a  short  span  and  the  resultant  influence  upon  the  attendant  flow 
field  can  be  important. 
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Figure  7-1.  Profiles  of  Nose  and  Canopy  Shapes 
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It  can  be  anticipated  that  angle  of  attack  and  body  geometry  will  produce 
effects  that  are  qualitatively  similar  for  all  the  Mach  numbers  tested.  Therefore, 
many  of  the  conclusions  drawn  will  be  applicable  to  the  data  for  all  Mach  numbers. 

7. 1. 2.  2  Flow  Field  Effects 

The  following  discussion  presents  an  interpretation  of  the  flow  field  data 
obtained  during  the  test  program.  It  offers  a  generalized  description  of  the  flow  field 
composition  and  attempts  to  establish  the  presence  of  geometry  dependent  causal  re¬ 
lationships. 

Two  definitions  are  appropriate  to  an  understanding  of  the  following  discus¬ 
sion,  dealing  with  the  identification  of  local  flow  angularity.  The  term  upwash  denotes 
a  local  pitch  angle  (angle  of  attack)  which  exceeds  the  free-stream  angle  of  attack, 
whereas  downwash  denotes  the  opposite.  Sidewash  is  taken  to  be  positive  for  the 
flow  directed  in  towards  the  fuselage,  and  negative  away  from  the  fuselage. 

For  a  free  stream  Mach  number  of  2.  5,  flow  field  data  was  obtained  for  the 
four  (4)  nose /canopy  configuration  combinations.  At  negative  angle  of  attack  a 
general  downwash  condition  exists,  prompted  by  the  negative  attitude  of  the  vehicle 
and  the  drooped  nose.  This  condition  is  reinforced  by  a  canopy  induced  positive  pres¬ 
sure  field.  The  flow  field  composition  remains  basically  unchanged  for  all  combina¬ 
tions  of  nose  and  canopy  geometry.  This  effect  can  be  seen  in  Figures  7-2  through 
7-5  displaying  local  flow  angularity  for  an  angle  of  attack  of  -3°.  This  general  condi¬ 
tion  also  exist3  at  zero  angle  of  attack  except  that  the  canopy  effect  has  increased 
while  the  influence  of  the  vehicle  attitude  and  nose  droop  has  diminished.  The  basic  com¬ 
position  of  the  flow  field  remains  unchanged  at  both  of  these  angles  of  attack  as  com¬ 
ponent  geometry  is  varied;  however,  the  interaction  between  individual  components  is 
quite  evident  from  the  extent  of  the  various  flow  regions.  For  example,  the  result 
of  employing  the  fuselage  #3  comer  radius  is  basically  the  same  at  both  angles  of  attack, 
and  for  all  component  combinations.  The  effect  is  seen  as  a  local  flow  region  roughly  oc¬ 
cupying  the  lower  inboard  portion  of  the  survey  plane  within  which  the  prevailing  down- 
wash  condition  is  most  negative.  This  high  negative  angularity  is  induced  by  1)  the  favor¬ 
able  and  abrupt  pressure  gradient  set  up  by  the  small  fuselage  corner  radius  and  2)  the  general 
flow  inclination.  While  always  present,  the  extent  of  this  region  is  seen  to  vary  as  a  function  of 
nose  and  canopy  geometry.  Using  the  primary  nose/canopy  configuration  as  a  base 
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Figure  7-5.  Local  Flow  Angularity 
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point,  the  negative  angle  of  attack  case  (approximately,  -3.  0  degreed  shows  that  sub¬ 
stituting  the  secondary  nose  increases  the  extent  of  this  high  downwash  region  because 
the  blunter  secondary  nose  has  a  higher  top  to  bottom  surface  pressure  gradient  than 
the  primary  nose.  The  extent  of  the  region  increases  further  as  the  secondary  canopy 
replaces  the  primary  canopy.  This  is  due  to  the  larger  canopy  frontal  area  and  strong¬ 
er  shock  wave  that  increases  the  overpressure,  particularly  for  the  inboard  portion  of 
the  flow  field.  For  the  primary  nose/secondary  canopy  combination  the  high  inclina¬ 
tion  region  decreases  again  due  to  the  weaker  peripheral  gradient  of  the  more  slender 
primary  nose.  This  region  of  high  flow  angularity  is  also  present  for  zero  angle  of 
attack  with  the  extent  and  shape  being  determined  by  the  nose  and  canopy  geometry. 

This  similarity  in  flow  field  composition  can  be  seen  by  comparing  Figures  7-5  and 
7-6,  presenting  the  local  flow  angularity  for  the  secondary  nose/secondary  canopy 
configuration  at  -3. 0°and  0. 0°  angle  of  attack  respectively.  This  comparison  indicates 
that  averc-ige  level  of  flow  angularity  at  0. 0°  has  increased  directly  with  angle  of  attack 
but  the  most  negative  flow  region  still  occupies  the  lower  inboard  region  and  the  shape 
of  the  constant  value  lines  is  the  same.  This  effect  is  also  true  for  the  other  nose/ 
canopy  configurations. 

Also  present  for  all  geometry  combinations  and  test  conditions  is  a  "nominal" 
flow  region,  within  which  the  local  flow  angularity  approximates  the  numerical  average 
of  the  entire  flow  field.  The  portica  of  the  survey  plane  occupied  by  this  average  flow 
is  primarily  determined  by  the  prevalent  flow  direction.  For  example,  when  a  down- 
wash  condition  exists,  the  region  originates  at  the  upper  inboard  section  of  the  survey 
plane  and  moves  downward  toward  the  lower  outboard  corner.  This  zone  is 
seen  in  Figures  7-1  through  7-5,  for  the  negative  angle  of  attack  case,  where  the 
-5. 0°  contour  line  approximates  Ur  numerical  average  of  the  flow  field.  On  the  other 
hand,  with  upwash  the  average  flow  originates  at  the  lower  inboard  section  and 
moves  upward  toward  the  outboard  section  of  the  survey  plane.  This  effect  will  be 
seen  in  the  subsequent  inspection  of  higher  angle  of  attack  flow  fields. 

Finally,  aloealzone  of  downwash  is  generally  present,  established  by  the  pres¬ 
sure  discontinuity  across  the  canopy  shock  wave  as  it  passes  through  or  near  the  survey 
plane.  This  region  is  generally  situated  in  the  outboard  portion  of  the  surveyed  flow 
field.  The  location  of  this  zone  is  primarily  a  function  of  angle  of  attack  while  the  ex¬ 
tent  of  the  zone  appears  to  be  more  geometry  dependent.  For  example,  at  negative  and 
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zero  angle  of  attack  the  fuselage  nose  is  presented  to  the  approaching  free 
stream  flow  such  that  the  compression  along  the  top  surface  is  maximized 
producing  a  low  local  Mach  number  approaching  the  canopy.  This  results  in  a 
relatively  weak,  rapidly  decaying  detached  canopy  shock  wave.  As  a  result  the  down- 
wash  region  appears  in  the  upper  outboard  sector  of  the  flow  field.  The  extent  is 
rather  small,  due  to  the  weak  shock,  but  differences  are  evident  particularly  as  the 
nose  is  changed.  The  more  slender  primary  nose  diffuses  the  flow  less  than  the 
secondary  nose,  a  stronger  canopy  shock  results  producing  a  larger  downwash  zone. 
The  effect  of  a  canopy  change,  at  these  conditions, is  seen  in  the  distribution  of  this 
local  region,  due  to  both  windshield  shape  and  frontal  area.  The  primary  canopy  has 
a  flat  windshield  that  delays  the  onset  of  canopy  shock  decay,  therefore,  as  it  passes 
through  the  survey  region  the  relatively  high  pressure  produces  a  deep  penetration. 

The  large  radial  gradient  toward  the  body,  caused  by  the  rapid  expansion  around  the 
windshield  corner  however,  keeps  the  zone  confined  to  the  outboard  portion  of  the 
flow  field.  On  the  other  hand  the  secondary  canopy  shock  wave,  induced  by  a  rounded 
windshield,  has  an  early  but  gentle  onset  of  decay.  The  result  is  a  weakened  shock 
at  the  survey  plane  and  a  reduced  vertical  penetration.  However,  the  radial  pressure 
gradient,  toward  the  body,  is  also  more  gentle  due  to  the  shock  curvature  and  the 
larger  secondary  canopy  frontal  area.  Consequently,  the  zone  has  a  greater  lateral 
extent  near  the  top  of  the  survey  region  where  this  lower  but  more  uniform  overpres¬ 
sure  exists. 

With  vehicle  angle  of  attack  increased  to  +5  degrees  the  flow  field  becomes 
quite  uniform  because  the  nose  generates  an  almost  symmetrical  flow  field,  which  in 
turn  dampens  any  effect  induced  by  the  fuselage  corner.;  Although  small,  the  canopy 
influence  is  most  dominant  at  this  condition,  as  evidenced  by  the  presence  of  a  down- 
wash  region  both  inboard  and,  in  the  case  of  the  larger  secondary  canopy,  outboard 
in  the  lower  region  of  the  flow  field.  The  relative  uniformity  of  the  flow  field  is  illus¬ 
trated  in  Figure  7-7,  showing  the  primary  canopy/secondary  nose  configuration. 

Also  displayed  in  this  figure  is  the  inboard  downwash  region  established  by  the  canopy 
induced  overpressure,  A  reorientation  of  the  "nominal"  flow  region  can  also  be  seen, 
with  this  zone  now  occupying  a  corridor  between  the  lower  inboard  and  upper  outboard 
regions  of  the  flow  field.  The  increased  overpressure  induced  by  a  substitution  of  the 
larger  secondary  canopy  is  pictured  in  Figure  7-8  where  the  previously  mentioned  out¬ 
board  downwash  zone  can  be  seen. 
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Figure  7-8.  Local  Flow  Angularity 
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At  +10  degrees  angle  of  attack  the  canopy  is  clearly  the  most  dominant  geo¬ 
metric  parameter.  With  the  primary  (PCPN)  combination,  a  weak  upwash  flow  field 
exists  with  the  fuselage  corner  influence  evident.  Substitution  of  the  secondary  nose 
(PCSN)  produces  essentially  no  change  in  the  flow  field.  However,  the  secondary 
canopy  (SCSN)  produces  two  mild  downwash  regions,  one  inboard  near  the  body  and 
one  outboard  near  the  shock  wave.  Using  the  primary  nose  with  the  secondary  canopy 
(SCPN)  results  in  a  stronger  canopy  wave,  due  to  the  more  slender  nose,  as  seen 
by  the  increased  outboard  downwash  angularity  and  the  larger  extent  of  the  mild  down- 
wash  region.  The  local  flow  angularity  is  presented  in  Figures  7-9  through  7-12. 

For  +15  degrees  and  +20  degrees  angle  of  attack  the  canopy  shock  strength 
is  relatively  insensitive  to  increasing  approach  Mach  number.  A  three  zone  upwash 
flow  field  exists  at  these  conditions  with  the  distribution  dependent,  almost  entirely, 
upon  the  fuselage  corner  radius;  consequently  ail  eight  patterns  appear  similar,  as 

shown  in  Figures  7-13  through  7-20.  The  influence  of  the  fuselage  comer  radius 
is  more  pronounced  at  +20°. 

At  +25  degrees  angle  of  attack  the  same  general  flow  field  co.  ^position  exists. 
The  extent  of  the  region  influenced  by  the  fuselage  corner  radius  has  increased  as  ex¬ 
pected.  An  interesting  effect  occurring  at  this  angle  of  attack  is  the  presence  of  a 
downwash  zone  in  the  lower  outboard  region  of  the  surveyed  flow  field.  At  this  con¬ 
dition  the  upwash  field  is  wrapped  closely  around  the  fuselage.  On  the  other  hand  the 
canopy  wave  has  become  more  detached  and,  at  the  survey  plane,  has  moved  outboard 
of  the  strong  upwash  gradient.  Being  unopposed  the  shock  wave  induces  a  local  down- 
wash  zone  with  the  inner  boundary  determined  by  the  fuselage  corner.  The  flow  field 
composition,  including  this  downwash  region  is  shown  in  Figures  7-21  through  7-24, 
Back  tracking  to  +20  degrees  angle  of  attack  we  can  see  the  onset  of  this  condition  with 
the  primary  nose  configurations.  In  both  cases  the  thinner  shock  layer  generated  by 
this  more  slender  nose  resulted  in  the  intrusion  of  a  small  downwash  region  in  the 
lower  outboard  portion  of  the  survey  plane. 

The  influence  of  the  nose  and  canopy  geometry  decreases  with  decreasing 
Mach  number.  For  the  lower  supersonic  test  Mach  numbers  (Mw  =  2.  2  and  1.  8)  the 
basic  flow  field  composition  remains  essentially  the  same  as  that  seen  at  Mach  2.  5. 
Although  similarly  structured,  the  flow  fields  tend  to  become  more  uniform  at  these 
lower  Mach  numbers  as  the  local  shock  induced  effects  weaken  in  intensity.  To 
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Figure  7-11.  Local  Flow  Angularity 
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Figure  7-12.  Local  Flow  Angularity 
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Figure  7-13.  Local  Flow  Angularity 
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Figure  7-14.  Local  Flow  Angularity 
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Figure  7-16.  Local  Flow  Angularity 
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illustrate  this  effect  the  local  flow  field  angularity  is  presented  for  a  low  angle  of 
attack  (0 t  =  0°)  and  a  high  angle  of  attack  ( a  =  15°)  for  both  Mach  numbers  in 
Figures  7-25  through  7-40.  The  flow  fields  at  the  transonic  (M^  =  1. 2)  and  the  sub¬ 
sonic  (M  =  0.  8)  test  Mach  numbers  appear  different  due  to  the  absence  of  shock 
induced  local  pressure  gradients.  At  these  two  Mach  numbers  the  flow  field  is 
essentially  independent  of  geometry,  becoming  primarily  a  function  of  angle  of  attack. 
This  is  shown  for  angles  of  attack  of  0°,  10°,  and  20°  in  Figures  7-41  through  7-43 
for  one  nose/canopy  configuration  at  Mach  0.  8.  The  relatively  uniform  flow  fields 
seen  in  these  figures,  are  also  present  for  the  remaining  fuselage/canopy  combina¬ 
tions  at  both  Mach  1. 2  and  0.  8. 

7. 1.  3  Fuselage  Effects 

For  this  series  of  tests  the  model  was  configured  to  obtain  fuselage  flow 
field  data  at  the  postulated  forward  inlet  location  -  (30%  ACL).  These  data  were 
obtained  for  all  seven  fuselages  employed  in  the  program.  The  primary  nose  and 
canopy  configurations  were  utilized  during  these  tests. 

7. 1.3. 1  Mach  0.8 

For  the  negative  angle  of  attack  condition  (a  s»  -3°)  an  overall  downwash 
condition  prevails  within  the  flow  field  for  all  seven  fuselage  geometries.  Although 
the  different  fuselage  geometries  induce  variations  in  the  location  and  extent  of  the 
zones  of  flow  angularity  the  average  level  of  downwash  is  fairly  constant.  A  typical 
flow  angularity  map  is  presented  in  Figure  7-44,  for  fuselage  2.  The  other  fuselages 
induce  similar  flow  fields  with  one  exception,  that  being  fuselage  6  which  has  a  relatively 
high  level  of  average  downwash.  In  part,  this  effect  stems  from  the  fact  that  fuselage 
6  has  a  low  height  factor  (h/H)  which  introduces  the  fuselage  corner  to  the  prevalent 
downwash  flow  field  at  a  relatively  high  waterline.  The  corner  radius  provides  a 
favorable  pressure  gradient  for  the  downwash  flow  thereby  increasing  the  negative 
angularity.  This  fuselage  effect  is  shown  in  Figure  7-45.  A  comparison  of  these 
two  figures  reveals  that  the  height  factor  is  not  the  only  factor  inducing  a 
more  negative  downwash.  For  example,  fuselage  2  has  a  height  factor  that  is 
smaller  than  that  of  fuselage  6.  The  prime  determinant  appears  to  be  the  develop¬ 
ment  of  the  corner,  which  occurs  rapidly  on  6  and  gently  on  2.  A  more  abrupt  periph¬ 
eral  pressure  decay,  encouraging  the  downwash  flow  to  accelerate  rapidly  is  therefore 
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Figure  7-29.  Local  Flow  Angularity 
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Figure  7-30.  Local  Flow  Angularity 
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Figure  7-31.  Local  Flow  Angularity 
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present  on  fuselage  6.  This  conclusion  appears  to  be  supported  by  an  examination 
of  the  sidewash  data.  As  shown  in  Figure  7-46  a  large  positive  sidewash  zone  occupies 
a  region  near  the  fuselage  corner,  for  fuselage  6.  For  the  remaining  fuselages  at 
this  flight  condition  the  sidewash  is  generally  negative  except  in  the  region  of  the 
fuselage  corner  where  a  small  positive  sidewash  zone  is  induced  by  the  favorable 
pressure  gradient.  The  extent  of  the  positive  sidewash  region  varys  somewhat  with 
corner  radius  and  corner  development.  The  sidewash  map  for  fuselage  1  is  presented 
in  Figure  7-46.  A  comparison  of  Figures  7-46  and  7-48  illustrates  the  impact  of 
corner  development  rate. 

At  zero  angle  of  attack  a  mixed  flow  field  exists.  The  inherent  downwash 
over  the  drooped  nose  is  still  present,  particularly  in  the  lower  inboard  region  of 
the  flow  field.  However,  the  flow  acceleration  over  the  canopy  has  induced  local 
regions  of  upwash  throughout  the  field,  with  the  location  and  extent  seen  to  be  a 
function  of  fuselage  geometry.  For  those  fuselages  of  the  small  corner  radius  class 
(1,3,  and  5)  the  downwash  sink  set  up  by  the  drooped  nose  and  fuselage  corner  is 
rigidly  segregated  from  the  main  flow  by  virtue  of  the  abrupt  discontinuity  in  pres¬ 
sure  around  the  corner.  With  these  fuselages  the  flow  expansion  around  the  canopy 
has  less  opposition  from  the  inherent  downwash  and  consequently  the  upwash  effect 
is  more  extensive  than  for  the  large  corner  radius  configurations  where  the  upwash 
and  tbwnwash  interact  quickly.  This  effect  can  be  seen  by  comparing  Figure  7-48 
and  7-49  presenting  the  local  flow  angularity  for  fuselages  1  and  4  respectively.  The 
sidewash  characteristics  display  an  insensitivity  to  angle  of  attack  and  appear  similar 
to  those  characteristics  at  negative  angle  of  attack. 

At  five  (5)  degrees  angle  of  attack  the  nose  is  still  slightly  drooped  but  the 
flow  field  over  the  vehicle  nose  is  approaching  a  symmetric  condition.  However,  the 
canopy  expansion  flow  field  has  induced  a  general  upwash  for  all  fuselages.  The  flow 
fields  are  quite  uniform  and  similar.  A  typical  mao  of  flow  angularity  is  presented 
in  Figure  7-50,  for  fuselage  2.  The  lone  exception  to  similarity  is  again  fuselage  6 
where  an  outboard  downwash  region  exists.  In  this  case,  again,  the  low  fuselage 
height  factor  (h/H)  plus  the  rapid  corner  development  tend  to  cancel  the  canopy  in¬ 
duced  upwash  about  midway  outboard  of  the  survey  plane.  Consequently,  the  outboard 
portion  of  the  flow  feels  the  small  inherent  downwash  generated  by  the  nose.  The  flow 
field  sidewash  gradient  is  generally  negative  with  the  small  corner  radius  configurations 
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Figure  7-47.  Local  Sidewash  Angularity 
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generating  locally  accentuated  regions  because  of  the  higher  local  pressure  gradien', 
at  the  corner. 

For  angles  of  attack  of  +10°,  +15°,  and  +20°  a  general  upwash  condition 
exists  for  all  fuselages.  The  flow  fields  appear  to  be  composed  of  3  basic  regions, 
the  first  is  a  high  upwash  region  inboard,  established  by  the  expansion  around  the 
fuselage  corner  and  canopy.  The  upwash  decays  radially  such  that  an  average  up¬ 
wash  exists  in  the  middle  of  the  fie  v  field  and  a  low  upwash  region  exists  in  the  out¬ 
board  portion  of  the  flow  field.  This  general  condition  is  seen  in  Figures  7-51  through 
7-53,  presenting  the  local  flow  angularity  for  fuselage  2  at  these  3  angles  of  attack. 
While  the  flow  fields  for  all  fuselages  are  basically  similar  there  is  a  slight  tendency 
for  increasing  fuselage  corner  radius  to  improve  the  overall  uniformity  of  the  flow 
field.  This  effect  can  be  seen  by  comparing  Figure  7-54  which  displays  the  local 
flow  angularity  fox  fuselage  1  (a  small  corner  radius  configuration)  at  10°  angle  of 
attack  with  7-51  for  fuselage  2  la  large  corner  radius  configuration). 

The  sidewash  is  quite  insensitive  at  these  angles  of  attack  and  remains 
essentially  constant.  The  sidewash  is,  in  general,  negative  except  in  the  upper 
inboard  section  of  the  survey  plane  where  the  expanding  flow  field  around  the  canopy 
draws  the  flow  to  vard  the  body. 

7. 1.3.  2  Mach  1.2 

For  the  negative  angle  of  attack  case  (a  -3°)  the  nose  droop  is  seen  as 
having  an  important  effect  upon  flow  angularity.  For  those  configurations  having  a 
small  corner  radius,  and  consequently  a  segregation  of  the  How  field  along  the  side 
of  the  fuselage  from  that  along  the  bottom  of  the  fuselage,  the  flow  acceleration 
around  the  canopy  induces  local  regions  of  upwash.  As  the  fuselage  corner  radius 
is  increased,  increasing  the  interaction  between  side  and  bottom  flow  fields,  the 
inherent  downwash  tendency,  fostered  by  the  negative  angle  of  attack  and  the  drooped 
nose  prevails,  and  a  general  downwash  condition  exists.  This  difference  in  flow 
field  structure,  as  a  function  of  fuselage  geometry,  is  essentially  the  same  as  pre¬ 
viously  seen  at  Mach  0.  8.  An  illustration  is  Dresented  in  Figures  7-55  and  7-56  pre¬ 
senting  the  local  flow  angularity  for  fuselages  4  and  5  respectively.  The  sidewash 
profiles  are  quite  similar  tc  those  obtained  at  Mach  0.  8  with  the  field  comprised  of 
three  basic  zones.  There  is  one  region  of  relatively  high  negative  sidewash  due  to 
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Figure  7-54.  Local  Flow  Angularity 
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the  presence  of  the  canopy  which  forces  a  local  outward  flow.  There  is  also  an 
average  negative  sidewash  region  within  which  the  flow  has  a  small  outward  vector 
due  simply  to  its  travel  around  the  fuselage.  Finally,  positive  sidewash  occupies  a 
region  focused  at  the  lower  and  inboard  portion  of  the  survey  plane.  The  extent  of 
this  region  varies  directly  with  fuselage  corner  radius,  an  expected  result. 

Increasing  the  vehicle  angle  of  attack  to  zero  weakens  the  tendency  toward 
downwash.  The  smaller  corner  radii  produce  local  zones  jf  upwash  and,  in  some 
cases,  an  overall  upwash  flow  field  (based  upon  an  arithmetical  averaging  of  the  30 
data  points  comprising  each  map).  The  difference  between  large  and  small  corner 
radii  effects  can  be  seen  in  Figures  7-57  and  7-58  presenting  the  local  flow  angularity 
for  fuselages  1  and  2  respectively.  The  comparison  shows  that  larger  corner  radii 
encourage  downwash,  as  they  did  at  negative  angle  of  attack. 

At  5J  angle  of  attack  the  flow  field  generated  by  the  fuselage  ujse  is  approach¬ 
ing  the  symmetrical  case.  The  weakened  inherent  downwash  plus  the  canopy  induced 
low  pressure  produces  an  upwash  condition  throughout  the  inboard  portion  of  the 
flow  field.  The  upwash  condition  also  occupies  the  outboard  portion  of  the  flow  field 
for  those  configurations  with  fuselage  corners  that  are  well  rounded.  These  effects 
are  illustrated  in  Figure  7-59,  presenting  the  flow  angularity  for  fuselage  4.  For 
those  configurations  with  small  corner  radii  and/or  a  rapid  local  development  of  the 
corner,  the  upwash  gradient  is  spent  over  the  inboard  portion  of  the  flow  field.  This 
permits  the  small  inherent  downwash  to  prevail  over  the  outboard  portion  of  the  flow 
field,  for  those  configurations.  Figure  7-60  shows  this  effect,  using  fuselage  3  as 
an  example.  The  sidewash  remains  an  insensitive  parameter,  at  this  angle  of  attack, 
with  a  small  negative  vector  generally  present.  This  continues  to  be  the  case  through¬ 
out  the  angle  of  attack  range  with  the  sidewash  flow  field  of  individual  configurations 
virtually  unaffected  by  variations  in  angle  of  attack.  The  zonal  structure  of  these  flow 
fields  appears  to  be  only  configuration  dependent.  The  average  value  of  the  negative 
sidewash  appears  to  increase  very  slightly  witn  angle  of  attack,  for  all  configurations. 
This  is  due  to  the  increasing  pressure  gradient  from  the  bottom  to  the  top  of  the 
fuselage. 


For  angles  of  attack  of  10J  and  above  ar.  overall  upwash  condition  exists  for 
all  configurations.  There  is,  in  fact,  a  striking  similarity  among  die  flow  fields, 
generated  bv  all  configurations,  in  this  angle  of  attack  range.  In  general  the  upwash 

UNCLASSIFIED 


162 


UNCLASSIFIED 


Fuselage  4 
PC  PN 

Mach  Number  =  1.2 
oc=  0° 

Format  I 


Figure  7-58.  Local  Flow  Angularity 
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dissipates  as  a  function  of  distance  from  the  fuselage.  This  produces  a  3  zone  flow 
field  with  relatively  high  upwash  within  the  inboard  portion  of  the  survey  plane,  an 
average  upwash  in  the  middle  of  the  survey  plane  and  a  relatively  low  upwash  out¬ 
board.  An  examination  of  the  data  indicates  that  an  increase  in  fuselage  corner 
radius  tends  to  reduce  the  level  of  upwash  and  to  make  the  flow  field  more  uniform. 
Fuselages  3  and  4,  at  angles  of  attack  of  +10°  and  +20°,  serve  to  illustrate  these 
effects  in  Figures  7-61  through  7-64. 

7. 1.3.  3  Mach  1.  8 

At  negative  angle  of  attack  an  overall  downwash  condition  exists  for  all  con¬ 
figurations.  The  flow  fields  are  generally  comprised  of  a  centrally  located  large 
average  downwash  zone  plus  a  high  downwash  zone,  with  the  latter  occupying  the 
lower  inboard  portion  of  the  survey  plane.  The  flow  field  generated  by  individual 
configurations  is  distinguished  by  the  absolute  level  of  the  average  downwash  which 
varies  between  configurations  as  a  function  of  the  fuselage  corner.  The  large 
corner  radius  configurations  reinforce  the  inherent  downwash  (due  to  nose  droop  and 
angle  of  attack)  the  same  as  they  did  for  other  test  conditions,  previously  discussed. 
Consequently  these  configurations  generated  the  most  negative  downwash.  These 
effects  are  shown  in  Figures  7-65  and  7-66  for  fuselage  1,  a  small  radius  configura¬ 
tion,  and  fuselage  2,  a  large  radius  configuration. 

The  sidewash  for  this  test  condition  and  throughout  the  entire  angle  of  attack 
range,  remains  a  rather  insensitive  parameter.  The  composition  of  the  flow  field  and 
the  variation  in  sidewash,  as  a  function  of  geometi’y  and  angle  of  attack,  is  quite 
similar  to  that  discussed  previously  for  Mach  number  0.  8  and  1.  2. 

With  the  angle  of  attack  increased  to  0°  and  J  5°  an  overall  downwash  condi¬ 
tion  still  prevails.  There  is  a  progressive  reduction  in  the  extent  of  the  relatively 
high  angularity  region  occupying  the  lower  inboard  portion  of  the  survey  plane.  An 
example  of  this  can  be  obtained  from  a  comparison  of  Figures  7-65  and  7-67,  pre¬ 
senting  flow  angularity  maps  for  fuselage  1  at  angles  of  attack  of  -3J  and  0°  respec¬ 
tively.  It  is  interesting  to  note  that  at  +5°  angle  of  attack,  where  the  fuselage  nose 
generates  an  almost  symmetrical  flew  field,  the  flow  fields  for  all  fuselages  are  very 
uniform.  There  is  a  continuation  of  the  tendency  oreviously  described  for  fuselages 
with  large  corner  radii  to  induce  a  more  negative  value  of  downwash. 
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Figure  7-61.  Local  Flow  Angularity 
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Figure  7-66.  Local  Flow  Angularity 
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For  an  angle  of  attack  of  +10°  the  fuselage  nose  generated  flow  field  is  still 
close  to  symmetrical  and  the  fuselage  flow  fields  tend  to  be  quite  uniform.  There  is 
the  appearance  of  geometry  dependent  zones;  however,  they  are  quite  weak.  Typical 
flow  angularity  maps  are  presented  in  Figures  7-68  and  7-69,  for  fuselages  4  and  5 
respectively.  These  two  figures  indicate  that  the  larger  corner  radius  induces  a  more 
uniform  flow  field  at  this  condition. 

The  influence  of  fuselage  corner  radius  and  rate  of  development  becomes 
increasingly  evident  at  the  higher  angle  of  attack  conditions  (0!  =  +15°,  +203,  and 
+25°).  At  these  conditions  an  increase  in  fuselage  corner  radius  improves  flow  field 
uniformity.  The  uniformity  improves  further  as  the  rate  of  corner  development  is 
made  more  gentle.  These  effects  are  illustrated  in  Figures  7-70  through  7-76 
which  present  the  local  flow  angularity  for  all  seven  fuselage  configurations  at  an 
angle  of  attack  of  +20°. 

7. 1.3.4  Mach  2.  2 

For  this  Mach  number  the  influence  of  fuselage  geometry  and  angle  of  attack 
upon  flow  field  angularity  is,  in  general,  similar  that  seen  at  the  previously  de¬ 
scribed  Mach  1.  8  condition.  The  causal  relationship  seen  at  that  Mach  number  apply 
at  Mach  2. 2.  To  illustrate  the  effect  of  fuselage  geometry  upon  flow  field  composition, 
the  local  flow  angularity  for  all  seven  fuselage  configurations  are  presented  in  Figures 
7-77  through  7-89  and  Figure  7-25  for  angles  of  attack  of  0°  and  +10°. 

At  this  Mach  number  the  average  sidewash  appears  completely  independent 
of  angle  of  attack.  There  appears  to  be  a  small  quantitative  variation  in  sidewash 
between  configurations  but  not  of  sufficient  magnitude  to  warrant  discussion,  par¬ 
ticularly  when  measuring  inaccuracies  are  considered. 

7. 1.3.5  Mach  2.5 

The  qualitative  influence  of  fuselage  geometry  upon  flow  field  upwash  appears 
consistent  with  that  noted  for  lower  Mach  numbers.  The  flow  field  composition  for  all 
seven  fuselage  configurations  is  displayed  in  Figures  7-90  through  7-96  for  an  angle 
of  attack  equal  to  +5°.  For  this  test  condition  there  is  a  greater  increase  in  negative 
sidewash  with  increasing  angle  of  attack  than  was  the  case  for  lower  Mach  numbers. 
The  previously  noted  tendency  for  small  corner  fuselages  to  have  a  more  negative 
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Figure  7-75.  Local  Flow  Angularity 
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Figure  7-82.  Local  Flow  Angularity 
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Figure  7-83.  Local  Flow  Angularity 
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Figure  7-89.  Iacal  Flow  Angularity 
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Figure  7-92.  Local  Flow  Angularity 

UNCLASSIFIED 


UNCLASSIFIED 


average  sidewash  remains  true  at  this  Mach  number.  The  absolute  level  of  sidewash 
probably  exerts  some  small  influence  on  inlet  performance. 


7. 1. 4  Correlation  of  Experimental  Data  with  Theory 

The  ability  of  the  simplified  analytical  method  to  predict  the  vehicle  induced 
flow  field  was  evaluated  during  this  analysis  task.  The  analytical  approach  employed 
to  estimate  the  flow  field,  and  the  resultant  quantitative  predictions  are  presented  in 
Section  III.  These  estimates  were  compared  with  the  data  generated  during  the  test 
program.  The  primary  objectives  of  this  effort  were  to  evaluate  the  predictive  accu¬ 
racy  of  the  analytical  technique  as  a  function  of  angle  of  attack,  vehicle  geometry, 
and  free  stream  Mach  number. 


In  general,  the  results  achieved  are  viewed  as  very  promising.  This  con¬ 
clusion  is  based  upon  the  attainment  of  good  agreement,  in  many  cases,  using  the 
analytical  approach  as  originally  developed.  More  importantly,  perhaps, is  the  fact 
that,  for  those  cases  with  relatively  poor  agreement,  both  analytical  and  empirical 
avenues  of  refinement  were  indicated.  In  summary,  poor  agreement  between  theory 
and  experiment  can  be  traced  to  either  of  two  basic  flaws  in  the  analytical  technique. 
These  flaws  are  a  weak  inherent  accounting  of  the  canopy  induced  overpressure  and 
an  insensitivity  to  the  near  surface  effects  produced  by  different  lower  fuselage  corner 
radii.  In  the  first  case,  it  must  be  admitted  that  the  level  of  influence  exerted  by  the 
canopy  upon  the  flow  field  was  rather  unexpected.  With  regard  to  the  fuselage  corner 
radius,  a  degree  of  insensitivity  was  anticipated,  as  the  result  of  applying  a  reference 
plane  type  analysis.  The  primary  reason  for  this  is  that  the  effective  fuselage  nose 
cone  is  the  dominant  parameter  determining  the  downstream  thermodynamic  properties. 
Variations  in  corner  radius,  while  producing  different  effective  fuselage  contours, 
change  the  Prandtl-Meyer  angle  only  in  a  minor  way.  This  results  in  the  prediction 
of  small  peripheral  pressure  gradients  around  the  corner  and  very  small  changes  in 
this  gradient  as  the  fuselage  geometry  is  varied. 


To  illustrate  the  degree  of  correlation  achieved  several  test  conditions  have 
been  selected  for  discussion,  they  are: 
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The  fuselage  geometries  were  selected  as  representative  of  both  a  small 
corner  radius  (fuselage  3)  and  a  large  corner  radius  (fuselage  2).  The  Mach  number 
is  typical  of  the  supersonic  case.  The  results  discussed  previously  showed  that 
variations  in  Mach  number  introduced  quantitative  changes  in  the  local  flow  properties* 
Theory  generates  similar  quantitative  changes.  As  a  result, the  strength  of  localized 
flow  field  interactions  vary  with  Mach  number;  however,  Mach  number  dependent 
flow  phenomena  do  not  appear.  Therefore,  the  use  of  one  representative  Mach  number 
is  reasonable.  The  angles  of  attack  were  selected  to  depict  the  correlation  at  both  low 
and  high  values  representative  of  cruise  and  maneuvering  operation. 


Presented  in  Figure  7-97  is  a  comparison  of  the  theoretical  and  experi¬ 
mental  surface  static  pressure  distribution  along  the  surface  of  each  of  the  5  refer¬ 
ence  planes  employed,  using  fuselage  3,  at  an  angle  of  attack  of  +5  degrees.  Good 
agreement  was  anticipated  for  this  condition  due  to  the  nearly  symmetrical  flow  field 
engendered  by  the  drooped  nose.  It  can  be  seen  that  the  analytical  estimates  give  a 
fair  representation  of  the  distributions.  A  tendency  toward  underestimation  of  the 
absolute  pressure  levels  can  be  seen.  This  effect  is  attributable  to  presence  of  the 
canopy  induced  overpressure  which  the  theory  did  not  anticipate.  Figure  7-98  pres¬ 
ents  the  Mach  number  correlation  achieved  for  this  case.  The  results  for  this  less 
sensitive  parameter  are  consistent  with  those  achieved  for  the  static  pressures  even 
though  visually  they  appear  to  agree  with  theory  better.  Based  upon  the  comparison 
of  theoretical  and  experimental  surface  properties  it  is  logical  to  expect  that  some 
difference  exists  between  the  predicted  and  actual  outboard  flow  field  characteristics. 
Presented  schematically  in  Figure  7-99  is  a  comparison  of  the  flow  field  angularity 
at  this  test  condition.  Due  to  the  weak  effect  predicted  for  the  canopy,  the  unrestrained 
favorable  upwash  pressure  gradient  established  by  the  fuselage  corner  and  angle 
of  attack  has  induced  a  mild  inboard  upwash  region.  Theory  also  predicts  an  out¬ 
board  downwash  region,  established  by  the  cross  flow  over  the  small  effective  nose 
droop  and  the  overpressure  induced  by  the  weak  effective  detached  canopy  wave.  In 
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reality  the  canopy  overpressure  induces  a  compression/compression  interaction  be¬ 
tween  the  flow  within  the  canopy  shock  layer  and  the  weak  inherent  upwash  flow  field 
emanating  from  the  lower  fuselage  corner.  The  result,  in  this  case,  is  a  mild  over¬ 
all  downwash  region.  It  is  pointed  out  that  although  the  schematic  representations  of 
the  analytical  and  experimental  flow  fields  appear  dissimilar  the  difference  is,  in 
feet,  quite  small  and  both  cases  have  near  uniform  fields.  Supporting  evidence  is 
seen  in  Figure  7-100  where  the  local  Mach  number  distribution  throughout  the  flow 
field  is  shown  schematically.  Here  the  basic  composition  of  both  flow  fields  is 
similar,  however,  again  the  influence  of  the  canopy  is  missing  from  the  analytical 
estimate.  In  addition,  the  compressive  interaction  that  takes  place  between  the 
canopy  induced  overpressure  and  the  fuselage  corner  induced  upwash  produces  an 
aveiage  loca-i  Mach  number  approximating  Mach  2.2,  whereas  the  analysis,  with  a 
weak  accounting  of  the  canopy  influence  estimated  a  higher  average  Mach  number, 
approximately  2.  4. 

For  the  high  angle  of  attack  case  (15  degrees)  schematic  comparisons  of  the 
analytical  and  experimental  flow  field  are  shown  in  Figures  7-101  and  7-102.  The 
need  for  an  improved  accounting  of  both  the  fuselage  corner  and  canopy  effects,  as 
discussed  previously  is  evident  in  these  comparisons.  The  weakness  of  the  analysis 
in  predicting  the  fuselage  corner  effects,  can  be  seen  from  an  examination  of  the 
estimated  and  actual  surface  pressure  and  Mach  number  distributions  presented  in 
Figure  7-103  and  7-104  respectively.  The  insensitivity  of  the  analysis  can  be  seen 
from  the  poor  agreement  achieved  in  the  region  of  the  corner  (fi  =  -30°).  The 
acceleration  around  the  relatively  small  fuselage  corner  causes  a  rapid  and  signifi¬ 
cant  decay  in  local  static  pressure  that  is  underestimated  by  the  analytical  technique. 
On  the  other  haud,  this  flat  fuselage  bottom  has  a  quasi  two-dimensional  lateral 
prottie  and  as  a  result  good  agreement  is  achieved  below  the  corner  (fj,  =  -90°  and 
-60°).  To  illustrate  the  effect  of  the  fuselage  corner  on  the  agreement  of  theory  and 
experiment  a  comparison  is  presented  in  Figure  7-105  employing  fuselage  2.  For 
this  case,  the  more  gentle  peripheral  pressure  gradient  has  eliminated  the  extremely 
poor  local  agreement  seen  with  fuselage  3,  however,  the  poorest  correlation  again 
occurs  in  the  proximity  of  the  fuselage  corner  (H  =  -60°  and  -90°).  The  relief 
afforded  by  the  immediate  introduction  of  the  corner  reduces  the  local  static  pres¬ 
sure  below  that  estimated  by  theory.  The  influence  upon  the  flow  field  characteristics 
of  the  larger  corner  radius,  seen  in  the  surface  distributions,  is  also  evident 
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throughout  the  flow  field,  as  shown  in  Figure  7-106  where  the  lower  inboard  zone  of 
high  angularity  is  reduced  in  extent  and  has,  in  fact,  moved  away  from  the  bottom 
BCL.  Finally,  Figure  7-10?  presents  the  static  pressure  distribution  for  all  seven 
fuselage  contours  for  (fi  =  -30°)  at  the  high  angle  of  attack  condition.  Also  shown 
is  a  range  of  estimated  distributions  encompassing  all  of  the  effective  fuselage 
contours  generated  by  the  reference  plane  method.  This  figure  demonstrates  that  the 
analytical  method  is  rather  insensitive  to  corner  radius  while  the  actual  pressure 
distribution  is,  in  fact,  quite  sensitive  to  corner  radius.  The  figure  also  shows  that 
the  analytical  estimates  made  for  the  ogival  nose  section  (up  to*the  station  where 
transition  from  a  circular  cross-section  occurs)  are  basically  unaffected  by  the 
final  fuselage  cross- section.  The  estimates  made  in  this  upstream  section  of  fuselage, 
where  we  are  dealing  with  a  shape  more  amenable  to  analysis  are  quite  acceptable 
for  preliminary  design  work. 

Having  evaluated  the  capability  of  the  basic  analytical  technique  to  generate 
reasonable  estimates  of  the  vehicle  induced  flow  field,  in  sufficient  detail  to  illuminate 
both  the  strong  and  weak  points  of  the  computational  procedures  it  remained  to  investi¬ 
gate  avenues  potentially  capable  of  improving  the  predictive  accuracy.  A  study  effort 
was  conducted  to  explore  four  of  these  avenues,  including  two  analytical,  one  semi- 
empirical,  and  one  empirical  approach.  A  discussion  follows. 

7. 1.  5  Refinement  of  the  Reference  Plane  Technique 
7.1.5. 1  Introduction 

This  study  explored  a  modification  to  the  basic  reference  plane  technique. 

The  correlation  task  indicated  the  weakness  of  the  basic  approach  to  be  a  poor  pre¬ 
diction  of  the  canopy  and  the  fuselage  corner  influence  upon  the  flow  field,  particularly 
at  high  angle  of  attack.  In  an  attempt  to  correct  this  deficiency  two  steps  were  added 
to  the  computational  procedure. 

The  first  step  estimates  the  canopy  induced  shock  layer.  To  remain  con¬ 
sistent  with  the  requirements  of  preliminary  design  namely,  simplified  approxima¬ 
tions,  the  initial  strength  of  the  canopy  shock  wave  is  estimated  using  one  family 
Prandtl-Meyer  expansions.  The  basic  contour  line  formed  at  the  canopy-fuselage 
juncture  is  used  as  the  shock  inducing  geometry.  The  nonuniform  shock  layer 
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Figure  7-106,  Experimental  Flow  Angularity,  Fuselage  2 
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computed  in  this  manner  is  superimposed  on  the  flow  field,  as  calculated  by  the 
basic  method  of  characteristics  solution. 

The  second  step  estimates  the  fuselage  corner  effects  by  introducing  a 
simple  PrandtJ-Meyer  expansion,  around  the  corner,  at  a  rate  dictated  by  the  corner 
contour.  These  results  are  also  superimposed  on  the  flow  field. 

The  estimated  flow  field,  including  the  two  steps  above,  is  then  subjected  to 
the  peripheral  cross-flow  interaction  calculation  used  as  the  final  step  in  the  reference 
plane  technique.  The  expectation  was  that  the  strong  local  effects  estimated  by  the 
two  new  computations  would  produce  more  representative  flow  field  profiles. 

7. 1.  5.  2  Modified  Reference  Plane  Technique 

The  basic  inviscid  method  used  to  analyze  the  several  fuselage  configurations 
employed  in  the  program  has  been  found  inherently  weak  in  that  it  fails  to  adequately 
account  for  variations  in  the  attendant  flow  field  induced  by  the  geometric  character¬ 
istics  of  tie  fuselage  lower  corner.  These  variations  are  attributable  to  the  peripheral 
pressure  gradient  around  the  fuselage  corner,  with  the  direction  being  a  function  of 
vehicle  angle  of  attack  and  magnitude  being  a  function  of  corner  geometry  and  vehicle 
angle  of  attack.  The  basic  method  proved  adequate  at  low  angle  of  attack  where  these 
peripheral  gradients  were  small;  therefore,  the  objective  of  any  modification  must  be 
to  improve  the  degree  of  correlation  achieved  between  experiment  and  theory  at  the 
high  angle  of  attack  case,  where  these  peripheral  gradients  become  substantial.  To 
describe  the  subject  modification  and  to  demonstrate  the  degree  of  improvement  it 
provides  over  the  basic  method,  an  example  calculation  will  be  employed.  The 
fuselages  employed  in  this  example  will  be  configuration  2,  which  has  a  large  radius 
curvature  corner,  and  configuration  3  which  has  a  relatively  small  bevelled  corner. 
The  test  condition  to  be  discussed  is; 

M  =  2. 2 
00 

a  =  15° 

3=0° 

PC  PN 

The  revised  method  represents  an  analytical  extension  of  the  basic  refer¬ 
ence  plane  solution,  which  employed  simple,  direct,  two-dimensional  procedures. 
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The  method  provides  a  rationale  for  correcting  the  thermodynamic  properties  com¬ 
puted  by  the  reference  plane  technique  such  that  the  flow  field  is  more  sensitive  to 
fuselage  corner  geometry.  The  procedures  taken  individually  are  simple,  a  prelim¬ 
inary  design  requirement.  However,  care  must  be  exercised  in  applying  the  correc¬ 
tions. 


In  addition  to  a  more  accurate  accounting  of  the  fuselage  induced  effects,  the 
revised  method  attempts  to  improve  the  prediction  of  those  effects  upon  the  flow  field 
prompted  by  the  presence  of  the  canopy.  The  method  adapted  for  this  analysis  is 
simple  and  direct.  A  horizontal  infinite  plane  is  passed  through  the  leading  edge  of 
the  canopy  (10.5  inches  from  the  nose  of  the  vehicle  for  the  subject  configuration). 

The  influence  of  the  canopy  originates  at  this  station  in  the  form  of  a  detached  two- 
dimensional  shock  followed  by  an  expansion  around  the  canopy  surface  in  the  longitudi¬ 
nal  direction.  In  this  manner  the  flow  conditions  in  this  plane,  at  the  survey  station, 
reflect  the  temperatures  and  pressures  associated  with  this  shock.  This  plane  extends 
approximately  0.  35  inch  above  the  zero  degree  radial  plane  at  the  surface  of  the  body 
and  then  horizontally  across  the  flow  field.  Examination  of  experimental  data,  ob¬ 
tained  by  the  flow  field  probe,  indicates  this  as  a  region  within  which  significant  pres¬ 
sure  discontinuities  occur,  such  as  would  be  anticipated  near  a  strong  shock  wave. 

This  finding  lends  support  to  the  choice  of  canopy  shock  location.  The  shock  and 
downstream  flow  field  characteristics  are  calculated  using  the  conventional  Rankine- 
Hugoniot  and  Prandtl- Meyer  relationships.  The  shock  generating  surface  is  formed 
along  the  reference  plane  -  canopy  basic  contour  line  intersection  ,  as  seen  in  a  pl:n 
view.  To  account  for  either  the  compressive  or  expansive  influence,  upon  the  flow 
within  the  reference  plane,  exerted  by  a  non-linear  canopy  -  fuselage  juncture  which 
is  outside  the  reference  plane,  an  additional  amount  of  isentropic  compression  or 
expansion  are  superimposed  upon  the  thermodynamic  properties  within  the  plane. 

Thus  three  dimensionality  is  simulated  by  a  superposition  of  a  one-dimensional 
analysis  upon  the  results  of  a  two-dimensional  solution. 

Curvature  of  the  fuselage  lower  corner  is  handled  by  deriv  ing  an  expression 
for  the  incremental  flow  expansion  required  to  simulate  the  peripheral  pressure 
gradient.  This  effect  is  dictated  by  the  fuselage  geometry.  For  fuselage  3  only  one 
correction  need  be  made,  since  the  fuselage  corner  is  a  bevelled  edge.  As  opposed 
to  this,  fuselage  2,  with  a  continuous  corner  curvature  requires  several  local 
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computations  occurring  at,  and  in  between,  each  radial  reference  plane.  The  surface 
in  question  in  each  case  is  that  section  of  the  fuselage  corner  between  the  horizontal 
tangency  point  and  the  vertical  tangency  point. 

The  first  parameter  in  the  derived  expression  is  the  angle  encompass-ig 
the  tangency  points  of  the  body,  whose  apex  is  the  vehicle  nose.  This  angle  is 
designated  as  p  . 

2 

A  second  parameter  is  the  square  of  the  eccentricity  of  an  ellipse,  (e  >.  To 
illustrate  its  value,  we  can  view  the  body  as  either  a  perfect  circle,  that  is,  the  base 
of  a  cone  extending  from  the  nose,  or  a  square  or  rectangle.  For  these  configurations 
a  streamline  trace  originating  at  the  nose  and  ending  at  the  survey  station  that  conforms 
to  the  body  surface  is  linear.  A  deviation,  from  these  ideal  cases,  in  the  form  of 
longitudinal  area  progression  and/or  cross-sectional  shape  requires  a  streamline  trace, 
conforming  to  the  body,  that  is  non  linear.  Therefore,  the  extent  the  body  deviates 
from  the  regulav  quadratic  surface  can  provide  an  indication  of  the  added  expansion  to 
be  superimposed  on  the  in  viscid  method  of  characteristics  solution.  Thus,  the  eccen¬ 
tricity,  e2,  of  an  ellipse  is  a  preordained  correction  factor.  The  final  parameter  (A) 
is  one  thf.t  accounts  for  the  digression  of  a  bevelled  corner  from  that  of  a  perpendicular 
corner,  't  is  the  angle  defined  by  the  oblique  line  between  fuselage  tangency  points  and 
the  bast  of  the  fuselage.  At  one  extreme  this  parameter  accounts  for  that  corner  de¬ 
scribing  a  fuselage  cross-section  of  zero.  The  other  extreme  is,  of  course,  a  square  or 
rectangle.  For  both  extremes  the  parameter  (A)  is  equal  to  zero  degrees.  Between 
these  extremes  the  introduction  of  a  bevelled  corner  results  in  some  finite  A  ,  which 
is  determined  by  simple  trigonometry.  To  illustrate  let  us  assume  a  triangular  body 
for  which  both  sides,  a  andb,  are  equal.  For  this  case  the  parameter  A  has  a  value 
of  45°. 

2 

The  three  parameters  (  p,  e  ,  A)  are  combined  into  one  equation  yielding  a 
total  deviation  factor  </)  .  To  generalize  this  equation,  such  that  it  accounts  for  angle 
of  attack,  one  additional  term  is  included.  This  term  takes  the  form  cos  [6(15-  Of )], 
where  Of  is  equal  to  the  free  stream  angle  of  attack  and  the  value  15  is  that  angle  con¬ 
sidered  representative  of  the  high  angle  of  attack  condition.  This  function,  then, 
serves  to  relate  the  strength  of  the  total  deviation  tactor  directly  to  angle  of  attack, 
it  is  pointed  out  that  although  the  revised  analytical  technique,  discussed  herein,  can 
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now  be  applied  over  the  entire  angle  of  attack  range  its  increased  complexity  does  not 
warrant  its  use  at  those  conditions  close  to  zero  angle  of  attack  where  it  has  been 
determined  that  the  basic  reference  plane  technique  yields  acceptable  results.  There¬ 
fore,  utilization  of  the  revised  method  is  viewed  as  an  approach  to  be  employed  for  the 
analysis  of  high  angle  of  attack  cases.  It  is  noted  further  that  the  value  of  15%  em¬ 
ployed  in  this  term,  was  selected  for  two  reasons.  Firstly,  that  angle  of  attack  can 
probably  be  considered  the  upper  limit  for  long  term  transient  operation  of  the  air¬ 
craft.  Consequently,  operation  at  higher  angles  of  attack,  which  are  highly  transitory, 
do  not  warrant  this  investment  in  effort  required  for  their  analysis.  Beyond  this, 
those  flow  field  phenomena  that  become  evident,  as  the  result  of  analysis,  at  15° 
angle  of  attack  can  be  extrapolated  to  those  higher  angles  with  a  degree  of  confidence 
commensurate  with  preliminary  design  criteria. 


The  total  deviation  factor  accounting  for  the  expansion  around  a  lower  fuselage 
corner  is, 

(J)  cos  [  6  (15-  a  )]  (  e2  !  sine  2  A  | ) , 


and  a  is  the  semi-major  axis  of  an  ellipse,  and  b  is  the  semi-imnoi*  axis  of  an 
ellipse. 

For  the  example  case  the  total  deviation  factor  for  fuselage  3  and  fuselage 
2  are  given  as: 


b  = 
2 

c  = 


2.2 

.6 

(4.  84  -  .  36)  =  4. 48 


A  =  40° 

sine  2  A  =  .9848 


c  =  2.12 
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Total  expansion  degrees  =  20° 

(.  93  x  .  9848) 

=  18.  3° 

Fuselage  2:  p  =  60° 

2 

c 

=  4. 84  -  4.  27  = 

.57 

> 

ii 

u> 

c 

c 

=  .755 

a  =2.2 

e 

c  .755 

a  2. 2 

.  344 

b  =  2. 07 

2 

e 

=  .1185 

tp  =  Total  expansion  in  degrees  =  60°  (.  1185  x  .  985)  =  7° 

With  the  total  Prandtl  Meyer  expansion  angle  determined,  as  a  function  of 
fuselage  corner  geometry  and  angle  of  attack,  it  remained  to  establish  a  geometry 
dependent  method  for  distributing  this  total  expansion  around  the  corner,  such  that 
a  reasonable  peripheral  pressure  distribution  is  achieved.  In  view  of  the  fi-jt  that 
some  of  the  basic  reference  planes  intercept  the  fuselage  basic  contour  line  in  the 
region  of  the  corner,  it  appeared  appropriate  to  define  the  degree  of  peripheral 
expansion,  to  be  applied  locally,  at  each  of  these  intersection  points.  The  method 
devised  involved  distribution  of  the  total  peripheral  expansion  as  a  function  of  an 
area  weighting  term.  The  denominate  r  of  this  term  is  that  area  encompassed  by 
the  surfaces  between  the  horizontal  and  vertical  tangency  points  and  the  hypothetical 
intersection  of  the  horizontal  and  vertical  reference  lines.  The  numerator  is  that 
area  encompassed  between  the  horizontal  tangency  point,  the  local  point  on  the  sur¬ 
face,  a  horizontal  projection  of  the  surface  point  on  to  the  vertical  reference  Une, 
and  the  hypothetical  intersection  of  the  horizontal  and  vertical  reference  lines. 
These  relationships  are  presented  schematically  in  Figure  7-108.  To  illustrate 
the  implementation  of  this  function  we  can  use  the  corner  for  fuselage  2.  For  this 
case  the  total  peripheral  expansion  is  distributee  among  four  (4)  basic  reference 
planes  in  the  following  manner. 

Between  radial  planes  -80°  and  -60°,  .  614  of  deviatory  area  is  obtained; 
between  -60°  and  -50°,  the  area  ratio  is  .  176;  between  -50°  and  -30°,  the  area  ratio 
is  .  176;  and  between  -30°  and  -20°,  the  area  ratio  is  .  032.  The  degree  of  local  ex¬ 
pansion  taken,  then  is. 

at  p  =  80°,  Expansion  =  4.  3°  =  7.  0  x  .  614 
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Figure  7-108.  Schematic  of  "Deviatory"  Angular  Relations 
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at  At  =  -60°,  Expansion  =  1.23°  -  7.  Ox.  176 

-50°,  Expansion  =  1.23°  =  7.  Ox.  176 

-30°,  Expansion  =  .  =  7. 0  x  .  032 

Examination  of  the  comparison  between  experimental  and  analytical  static 
pressure  distributions  on  fuselage  2,  shows  the  experimental  pressures  to  be  lower 
by  a  greater  amount  in  the  60  degree  plane  than  in  the  30  degree  plane,  bearing  out 
the  validity  of  the  procedure  above. 

For  the  body  conditions,  the  slopes  of  the  intersection  of  the  radial  planes 
and  the  body  are  taken  directly  from  the  elevation  view.  To  determine  the  slopes 
of  the  intersections  of  intermediate  planes  on  the  body,  sections  at  model  station 
19. 5  were  used. 

The  peripheral  expansion  angles  are  used  to  modify  the  thermodynamic 
properties  originally  calculated  by  tho  method  of  a  characteristics  solution.  The 
new  reference  planes,  in  the  area  of  the  fuselage  corner,  and  the  new  canopy 
engendered  plane  are  added  to  the  flow  field  mesh.  A  peripheral  shock  expansion 
calculation,  identical  to  that  performed  as  the  final  step  of  the  basic  reference 
technique,  is  then  performed  using  the  modified  and  additional  flow  points. 

The  resultai.t  surface  pressure  distributions  are  compared  with  experiment 
in  Figures  7-109  and  7-  1 10.  Additionally,  these  figures  present  the  surface  pressure 
distribution  obtained  for  the  basic  reference  plane  technique.  It  is  apparent  that  a 
significant  improvement  has  resulted  from  use  of  the  modified  technique. 

The  estimated  inviscid  properties  adjacent  to  the  body  for  both  fuselages 
are  tabled  in  Figure  7-111. 

Assuming  no  total  pressure  loss  due  to  the  nose  shock  an  estimate  car  be 
made  of  the  experimental  inviscid  surface  Mach  number.  Comparing  this  estimated 
Mach  number  with  tnat  analytically  computed  indicates  good  agreement.  The  com¬ 
parison  is  presented  for  fuselages  2  and  3,  in  F -gores  7-112  and  7-1?  3, 

To  calculate  the  flow  field  properties  an  equation  must  be  derived  to  cal¬ 
culate  the  local  flow  deflection. 
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Figure  7-109.  Comparison  of  Experimental  and  Theoretical  Pressure  Ratios 
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Figure  7-110,  Comparison  of  Experimental  and  Theoretical  Pressure  Ratios 
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Figure  7-111.  Thermodynamic  Properties  on  Surface  of  Body  at  Station  19.  5 
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Figure  7-112.  Comparison  of  Experimental  and  Theoretical 
Mach  Numbers  at  Fuselage  Surface 

Mw=  2.2,  a  =15°. 
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Figure  7-113.  Comparison  of  Theoretical  and  Experimental 
Mach  Numbers  at  Fuselage  Surface 
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For  the  calculation  of  the  flow  field  properties  it  is  necessary  to  insure 
that  the  angularity  of  all  local  streamlines  have  a  common  reference. 


For  example,  the  flow  angularity  computed  from  the  method  of  character¬ 
istics  is  the  angle  between  the  free  stream  and  the  local  flow.  However,  the  stream¬ 
lines  computed  in  this  manner  are  confined  to  their  respective  planes  and  are  relative 
to  a  zero  plane  passing  through  the  centerline  of  the  vehicle  nose.  For  a  drooped 
nose  the  centerline  of  the  vehicle  nose  is  not  coincident  with  the  vehicle  horizontal 
centerline.  For  the  subject  models  the  nose  plane  is  at  a  7.  5°  incidence  relative  to 
the  vehicle  centerline.  It  is  necessary  to  compare  the  coordinate  system  used  in 
the  method  of  characteristics  to  the  coordinate  system  forming  a  triad  in  the  zero 
plane.  This  is  done  by  the  use  of  unit  matrix,  a.^,  where  the  relationships  of  the 
systems  are 


a 


ij 


t .  =  a.,  t . ' 
i  ij  J 


1  1  2  3 


Where  the  unprimed  system  is  in  the  zero  plane  system  and  the  different 
(X  planes  are  rotated  about  the  longitudinal  axis  of  this  plane,  and  the  a^  's  are 
direction  cosines  between  the  axes  of  the  primed  and  unprimed  systems. 

Figure  7-114  (a)  is  a  schematic  of  these  coordinate  systems  and  the  related 
flow  angles. 

In  the  following  derivation,  <p  is  the  flow  deflection  that  is  given  by  the 
method  of  characteristics.  This  is  the  angle  between  the  free  stream  velocity,  pro¬ 
jected  in  the  radial  plane ,  M  ,  and  the  local  flow  in  the  radial  plane.  However,  we 
seek  the  flow  angle,  at  first,  between  the  longitudinal  axis  of  the  zero  plane  and  the 
local  flow.  This  is  achieved  by  the  equation:  <pQ/  =  sin  \i  (a  —  17 )  —  <p  ,  where  r) 
is  the  angle  of  incidence  of  the  nose. 
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Finally,  then,  after  making  the  indicated  additions  and  simplifying,  the 
local  angle  of  attack  relative  to  the  vehicle  center1  ine  is: 

ttLV  =  01  Lo  +  a  A  +  sin  T?) 

Table  II  presents  a  comparison,  for  fuselage  3,  of  the  results  given  by  the 
above  equation  and  the  test  value  data  throughout  a  range  of  angle  of  attack  between 
-4.  0°  and  +15.  75°  for  the  radial  planes,  0°  and  30\ 

The  comparison  is  good  throughout  the  entire  range.  It  is  pointed  out  that 
the  final  correction  to  the  flow  deflection  due  to  the  "deviatory"  geometry  is  not  in¬ 
cluded.  Addiug  this  final  correction  to  a  would  improve  the  agreement  further. 
This  is  shown  in  the  calculation  for  a  =  15.  75°  where  this  correction  has  been  in¬ 
cluded. 


The  final  correction  to  &  ^  is  accomplished  by  arranging  the  flow  proper¬ 
ties  about  the  body  in  peripheral  arrays,  equidistant  from  the  body.  The  properties 
effected  by  the  bevelled  edge  of  fuselage  3,  or  the  rounded  corner  of  fuselage  2,  are 
treated  as  expansions,  using  as  initial  properties  those  given  by  the  method  of  char¬ 
acteristics  for  each  radial  plane.  Interpolation  is  employed  to  obtain  the  properties 
between  the  original  reference  planes.  Figures  7-115  through  7-118  present  these 
properties  for  fuselage  2. 

Effectively,  several  planar  rings  are  wrapped  around  the  flow  field  inter¬ 
secting  each  reference  plane,  perpendicularly.  For  the  example  case,  planar  rings 
were  spaced  at  l/2  inch,  1-1/2  inch,  3  inch  and  4  inch  distances  from  the  body. 
Figure  7-114(b)  represents  the  y-z  coordinate  system  used  for  the  flow  field  tests 
and  the  relationship  between  this  origin  and  the  major  vehicle  origin  formed  by  the 
intersections  of  the  horizontal  and  vertical  reference  lines.  Each  reference  plane- 
planar  ring  intersection  originally  contains  the  properties  given  by  the  method  of 
characteristics.  The  properties  of  those  rays  established  to  account  for  the  periph¬ 
eral  shock-expansion  calculation  is  then  performed.  This  calculation  yields  the 
finalized  flow  properties. 

The  resultant  flow  deflection  is  multiplied  by  sin  y  and  this  product  is 
added  too'^,  the  local  angle  of  attack  already  calculated  by  the  previous  derived 
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TABLE  II 

COMPARISON  BETWEEN  PROBE  DATA  AND  ANALYTICAL  EQUATION 
AT  1/2"  DISTANCE  FROM  BODY  M  -  2.2  -  FUSELAGE  3 


oc  n 

Deg.  ;  Deg. 
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Deg. 
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Figure  7-116.  Basic  Reference  Plane  Pressure  Ratio 

M  =  2. 2,  a  =15° 
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Figure  7-118.  Basic  Reference  Plane,  Local  Temperature 

M,r  2.2,  o=  15° 
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Figure  7-1  IS  Basic  Reference  Plane,  Local  Velocity 

M  =  2.2,  a  =  15° 
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equations,  to  give  the  final  value  of  the  local  angle  of  attack.  For  the  cases  attempted, 
the  values  calculated  in  this  manner  agreed  quite  well  with  the  experimental  values. 

To  determine  the  effect  of  j8 ,  the  yaw  angle  of  the  local  flow,  the  flow 
deflection- is  multiplied  by  the  cosine  of  (1 .  The  sidewash  angle,  a  ,  is  then  just 
the  negative  of  j3  . 

or  =  -0 

The  computations  made  for  the  final  local  angle  of  attack  for  fuselages  2  and 
3  have  been  tabulated  and  a  comparison  is  made  for  all  the  planes  at  1/2  inch  from  the 
body.  The  analytically  derived  flow  properties  are  also  tabulated  for  the  entire  flow 
field.  These  appear  as  Tables  TII  and  IV. 

The  final  contour  plots  resulting  from  the  calculations  appear  as  Figures 
7-120  through  7-127, 

Figure  7-119  is  a  table  of  experimental  pressure  ratios,  P/Pm  ,  obtained 
for  both  fuselages  2  and  3  for  the  flow  field  survey  station  of  19. 5.  Comparing  the 
plots  labelled  Isobars,  presented  in  Figures  7-120  and  7-124,  containing  the  theo¬ 
retical  pressure  ratios,  with  these  pressure  ratios  indicates  that,  for  both  fuselages, 
the  theoretical  values  are  slightly  higher  than  the  experimental  values.  The  agree¬ 
ment  is,  in  general,  quite  acceptable  for  preliminary  design  work. 

A  comparison  of  local  Mach  number,  local  alpha,  and  sidewash  angle  is 
made  in  Figures  7-128  through  7-133.  The  numbers  appearing  in  parenthesis  are 
the  calculated,  theoretical  values. 

Comparing  the  computed  local  Mach  numbers  to  experiment  indicates  close 
agreement  except  near  the  upper  inboard  side,  close  to  fuselage  3,  where  an  error 
of  approximately  10%  is  noted.  For  both  fuselages,  the  theoretical  values  are  gener¬ 
ally  somewhat  lower  than  the  experimental  values. 

The  local  flow  deflection  also  shows  good  agreement.  However,  an  inherent 
weakness  can  be  seen  in  the  zero  plane  where  the  theoretical  values  tend  to  remain 
constant,  whereas  the  experimental  data  shows  a  variation.  For  the  example  case 
♦his  resulted  in  an  error  of  11%,  for  the  zero  plane.  The  error  for  other  planes, 
particularly  in  the  region  of  the  installed  inlet  are  smaller. 
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TABLE  III  (Cont.) 

ANALYTICALLY  DERIVED  FLOW  PROPERTIES 
r uSELAGE 2 
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TABLE  IV 

ANALYTICALLY  DERIVED  FLOW  PROPERTIES 
FUSELAGE  3 
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PRESSURE  RATIO  ~  P/P 
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Figure  7-119.  Experimental  Static  Pressure  at  Station  19.5 
Format  I  m  =  2.2,  a  =  15. 75%  0  =  0° 
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Table  of  Contours 
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Figure  7-123.  Sidewash  Angle,  Degrees,  Fuselage  2 
~  2, 2,  ol  =  15.75° 
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Y-/.xis 

Figure  7-126.  Alpha  Local  ~  Degrees,  Fuselage  3 

M,,,  =  2.2,  o=  15.75° 
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Figure  7-129,  Local  Mach  Number,  Fuselage  3, 
M„  =2.2,  ot  =  15° 
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Figure  7-133,  Sidewash  Angle,  Degrees.  Fuselage  3 

^  =  2.2,  a=  15° 
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The  sidewash  angle  also  compares  favorably,  throughout  the  flow  field. 
However,  in  the  upper  inboard  area  of  the  flow  field,  low  negative  and  low  positive 
sidewash  exists.  This  mixed  flow  condition  is  not  predicted  by  theory,  however,  the 
magnitude  of  the  angles  are  small.  This  is,  of  course,  a  result  of  the  simplified 
approach  which  cannot  be  expected  to  account  completely  for  the  complex  canopy  flow 
field. 


Based  upon  this  very  limited  application  of  the  modified  method,  it  appears 
to  have  the  potential  of  rendering,  in  a  relatively  simple  direct  fashion,  a  rough 
picture  of  the  flow  field  engendered  by  the  vehicle  at  high  angle  of  attack. 

7. 1.  5. 3  Exact  Reference  Plane  Technique 

This  approach  also  employs  a  reference  plane  approach.  It  differs  in  con¬ 
cept  from  the  basic  reference  plane  technique  by  virtue  of  the  fact  that  the  planar 
axis  is  the  free  stream  flow  vector  rather  than  the  fuselage  centerline.  This  ap¬ 
proach  differs  from  the  basic  approach  where  the  effective  contour  was  calculated 
at  one  angle  of  attack  with  vehicle  angle  of  attack  variation  accounted  for  by  adjust¬ 
ing  the  effective  fuselage  nose  cone  angle. 

A  major  advantage  of  the  basic  approach  lies  in  the  fact  that  the  effective 
fuselage  contours  need  be  developed  only  once.  Although  it  is  intuitively 
apparent  that  the  exact  method  provides  increased  sensitivity  to  angle  of  attack,  the 
increased  level  of  laborious  descriptive  geometry  introduced  by  this  approach  makes 
it  inherently  less  compatible  with  a  preliminary  design  study.  To  circumvent  this 
disadvantage,  a  digital  computer  program  has  been  developed  to  solve  the  descriptive 
geometry  problem.  The  program  develops  the  effective  fuselage  contours  as  a 
function  of  angle  of  attack  and  yaw  for  any  specified  vehicle  configuration. 

The  computer  program  can  determine  the  locus  of  points  resulting  from 
the  intersection  of  a  skewed  plane  with  en  aircraft  fuselage  (See  Figure  7-134).  This 
section  describes  the  analytical  techniques  employed  by  the  program  to  achieve  this 
result  and  the  application  of  the  plane  contours,  so  derived,  to  the  calculation  of  the 
pressure  distribution  over  an  aircraft  fuselage.  Several  comparisons  are  made 
between  the  basic  reference  plane  method,  the  present  method,  and  the  experimental 
results  obtained  during  the  test  program. 
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7. 1. 5. 3. 1  Analyses  for  the  Plane-Fuselage  Intersection  Program 

In  order  to  analytically  determine  the  intersection  of  a  skewed  plane  with 
an  aircraft  fuselage  it  is  first  necessary  to  completely  define  the  fuselage  contour. 
Having  accomplished  this,  a  technique  must  be  developed  for  determining  the  inter¬ 
section  of  a  plane  with  the  fuselage.  The  approach  adopted  is  discussed  in  the  follow¬ 
ing  text. 


The  basic  contour  lines  of  an  aircraft  fuselage,  including  the  canopy,  may 
be  completely  defined  by  specifying  a  group  of  control  lines  in  plan  and  profile  (Figure 
7-135).  From  these  longitudinal  lines,  the  transverse,  cross-section  in  any  desired 
longitudinal  station  is  uniquely  defined  by  the  methods  of  conic  lofting.  For  the  fuse¬ 
lage  class  of  interest,  the  most  general  pf  which  has  a  cross-section  similar  to  that 
shown  in  Figure  7-135,  a  maximum  of  12  such  independent  lines  are  required.  These 
lines,  are  defined  in  Figure  7-135.  Table  V  defines  the  abbreviations  used  in  Figure 
7-135(b).  At  any  transverse  station  these  lines  form  a  group  of  points,  shown  in 
Figure  7-l36(b),  sufficient  to  describe  the  entire  cross-sectional  contour.  The 
fuselage  flats,  bottom  and  side,  are  defined  by  the  two  extreme  points.  The  three 
curved  regions  are  each  defined  by  an  equation  of  the  form. 

y  ■  Pz  +  Q  ±  (Rz2  +  Sz  +  T)1/2 

where  the  coefficients,  P,  Q,  R,  S,  T  are  calculated  from  the  coordinates  of  the 
three  points  through  which  the  curve  is  to  be  passed  by  the  methods  outlined  in 
Reference  11. 
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TABLE  V 

CONTROL  LINE  FUNCTIONS 


.Function 

Name 

FYCT(X) 

Y  Coordinate  of 

FYCS(X) 

Y  Coordinate  of 

FZCS(X) 

Z  Coordinate  of 

FYCB(X) 

Y  Coordinate  of 

FZCB(X) 

Z  Coordinate  of 

FYTC(X) 

Y  Coordinate  of 

F  YTS  (X) 

Y  Coordinate  of 

FZTS(X) 

Z  Coordinate  of 

FYHB(X) 

Y  Coordinate  of 

FZHB(X) 

Z  Coordinate  of 

FYSF(X) 

Y  Coordinate  of 

FYBS(X) 

Y  Coordinate  of 

FZBS(X) 

Z  Coordinate  of 

FZBF(X) 

Z  Coordinate  of 

FYBC(X) 

Y  Coordinate  of 

Definition 

Valui 
at  X 

Canopy  Top  Contour 

YCT 

Canopy  Shoulder  Contour 

YCS 

Canopy  Shoulder  Line 

ZCS 

Canopy  Base  Line 

YCB 

Canopy  Base  Line 

ZCB 

Fuselage  Top  Contour 

YTC 

Fuselage  Top  Shoulder  Line 

YTS 

Fuselage  Top  Shoulder  Line 

ZTS 

Fuselage  Half  Breadth  Line 

YHB 

Fuselage  Half  Breadth  Line 

ZHB 

Fuselage  Side  Flat 

YSF 

Fuselage  Bottom  Shoulder  Line 

YBS 

Fuselage  Bottom  Shoulder  Line 

ZBS 

Fuselage  Bottom  Flat 

ZBF 

Fuselage  Bottom  Contour 

YBC 
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The  equations  for  P,  Q,  R,  S,  and  T  are  presented  below.  The  terms,  a,  c,  d,  and 
e,  used  in  these  equations  are  defined  in  the  accompanying  sketch. 


P  =  - 


Q  = 


R  = 


S  =  - 


T  = 


1  +  2  a  c  k 
2a  2  k 
a  +  2a3  c  k 
2a  3  k 

1  +  4  a  c  k 
(2a3k)2 

2  a  +  4  a3  c  k 
(2a  3  k)2 


=  -aP 


=  -  Q 


(2  a2  k): 


and  k  is  given  as 

k=  (a  -  d)  (e  -  c) 

(cd  +  ae  -  ac)3 

By  replacing  a  with  c  and  c  with  a  in  the  expression  for  P,  Q,  R,  S,  and  T  we 
obtain  z  as  a  function  of  y,  so  that 


z  =  P  +  Q±  I  Ry^  +  Sy  +  T 
a  useful  expression  when  y  is  0.  v 
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To  express  Y  as  a  function  of  Z  for  the  various  curves  the  values  of  a,  c,  d, 
and  e  can  be  determined  by  referring  to  Figure  7-1 35(b).  The  value  of  Y  in  the  body 
ordinate  system  for  a  given  Z  is  also  found  in  this  manner. 

For  the  canopy: 
a  =  ZCB 

c  =  YCT  -  YCB 

d  =  ZCS 

e  =  YCS  -  YCB 

z  =  Z 

Y  =  YCB  +  Pz  +  Q  ± ./  Rz3  +  Sz  +  T 

For  the  top  fuselage  curve: 
a  =  ZHB 

c  =  YTC  -  YHB 

d  =  ZTS 

e  =  YTS  -  YHB 

z  =  Z 

Y  =  YHB  +  Pz  +  Q  ±J  Rz3  +  Sz  +  T 

From  the  bottom  fuselage  contour: 

a  =  ZHB-ZBF 

c  =  YSF  -  YBC 

d  =  ZBS - ZBF 

e  =  YSF  -  YBS 

z  =  Z - ZBF 

Y  =  YSF  -Pz  -Q±,/Rz3  +  Sz  +T 
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When  determining  Z  as  a  function  of  Y,  the  expression  for  a,  c,  d,  and  e 
remain  unchanged,  but  the  independent  variable  y  changes  as  does  the  expression  for 
Z. 

For  the  canopy: 

y  =  Y  -  YCB 

z  =  Py  +  Q  ±  J  Ry2  +  Sy  +  T 

In  the  top  fuselage: 
y  =  Y  -  YHB 

Z  =  PY  +  Q  ±  J  Ry2  +  Sy +  T 

For  the  bottom  fuselage: 
y  =  YSF  -  Y 

Z  =  ZBF  +  Py  +  Q±Jnf  +  Sy  +  T 

By  determining  an  equation  for  each  one  of  the  three  curved  surfaces,  and  the 
two  flat  sections,  the  entire  cross  sectional  contour  is  completely  defined.  Thus, 
by  specifying  the  coordinates  of  the  control  lines  along  the  length  of  the  fuselage,  it 
is  possible  to  determine  the  spatial  location  of  any  point  on  the  body. 

With  the  fuselage  defined  at  every  longitudinal  location,  it  is  now  possible  to 
determine  the  intersection  of  a  plane  with  a  body. 

Let  us  assume  a  fixed  coordinate  system  with  the  X  axis  coincident  with  the 
Horizontal  Reference  Line  of  the  fuselage,  as  shown  in  Figure  7-136.  The  cutting  planes 
of  interest  are  those  which  pass  through  the  tip  of  the  fuselage  nose.  The  >rientation 
of  the  plane  is  best  envisaged  as  follows.  Consider  a  line  parallel  to  the  free  stream, 
(and  hence  making  an  angle  of  a  with  the  XZ  plane  and  an  angle  of  B  with  the  XY 
plane,  (Figure  7-136),  passing  through  the  tip  of  the  nose,  and  extending  through  the 
length  of  the  fuselage.  Let  this  line  lie  in  a  plane,  and  then  rotate  the  plane  about 
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this  line  until  the  line  of  intersection  of  the  plane  with  a  transverse  station  (YZ  plane) 
makes  an  angle  of  ^  with  the  horizontal  reference  (XY)  plane.  The  orientation  of 
the  plane  is  therefore  specified  by  giving  the  angle  of  attack  a,  and  the  angle  of 
yaw  0  of  the  free  stream  plus  the  cutting  plane  angle  fi . 

Figure  7-136  shows  a  line  coincident  with  the  free  stream  velocity,  intersecting 
a  transverse  station  located  at  X  =  XS,  at  the  point  (XS,  YS,  Z  S)  where 

YS  =  (XS  -  XN)  tan  a  +  YN 

ZS  =  (XS  -  XN)  tan  8 

The  intersection  of  the  cutting  plane  with  the  transverse  station  forms  a  line 
which  extends  from  (XS,  YS,  ZS)  to  (XS,  YI,  ZI)  and  makes  an  angle  of  pi  with  the 
horizontal.  The  point  (XS,  YI,  ZI)  is  the  intersection  of  the  skewed  plane  with  the 
fuselage  contour  at  the  station  under  consideration.  By  repeating  this  procedure  at 
as  many  transverse  locations  as  desired,  the  line  of  intersection  of  the  skewed  plane 
with  the  fuselage  can  be  determined. 

The  means  of  computing  the  location  of  the  point  (XS,  YI,  ZI)  depends  upon 
the  angle u  and  the  location  of  (XS,  YS,  ZS)  relative  to  the  fuselage  contour, i.e. 
whether  it  is  inside  or  outside  of  the  fuselage.  Figures  7-136  and  7-137  depict  several 
possibilities.  In  Figure  7-136  the  intersection  is  found  by  an  iterative  procedure  using 
the  equation  of  a  straight  line  and  the  curve  until  the  Y  coordinates  are  arbitrarily 
close  together.  The  same  procedure  Is  used  in  Figure  7-137 (a)  but  the  inter¬ 
section  is  sought  in  the  curve  which  is  farthest  from  (XS,  YS,  ZS).  Figure 
7-137  (b)  and  (c)  show  cases  where  the  intersection  can  be  determined  in  closed 
form  as  the  intersection  of  two  straight  lines.  Figure  7-137(d)  shows  a  case 
where  no  intersection  is  possible  because  the  axis  of  rotation  of  the  plane  has 
pierced  the  body  and  the  plane  direction  is  away  from  the  body. 
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<C)  (d) 


Figure  7-137.  Transverse  Cross  Sections  at  X  =  XS 

Format  I 
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To  this  point  we  have  calculated  the  spatial  coordinates  of  the  intersection 
of  a  skewed  plane  with  the  fuselage  with  each  intersection  having  three  coordinates. 

In  order  to  establish  a  plane  contour,  that  can  be  analyzed  as  a  symmetric  body  and 
whose  axis  of  revolution  is  in  the  free  stream  direction,  it  remains  to  express  the 
spatial  coordinates  of  the  intersection  in  a  plane  coordinate  system.  To  achieve 
this  result  it  is  necessary  to  translate  and  rotate  the  coordinate  system  such  that, 
the  X  axis  is  coincident  with  the  axis  of  revolution  (free  stream  direction)  of  the 
cutting  plane,  and  one  of  the  coordinate  planes  (XY  plane  is  chosen),  lines  in  the  cutting 
plane. 

The  procedure  for  this  transformation  is  as  follows: 

Translate  the  coordinate  system  so  that  it  is  centered  at  the  tip  of  the  nose. 

The  original  coordinate  system  is  XQ  Yq  Zq. 

X  =  -  XN 

1  o 

Y  =  Y  -  YN 
1  o 


Referring  to  Figure  7-138, 

Rotate  Xj  Yj  Z1  coordinate  system  about  ZJ  by  an  amount  a.  (Angle  of  attack 
of  the  free  stream  relative  to  the  fuselage  reference  line). 

Xg  =  X^  cos  a  +  Yj  sin  a 

Y2  =  -X^  sin  a  +  Y  cos  a 


coordinate  system  about  Y2  by  an  amount  B*. 


Rotate  the  Xg  Yg  Zg 
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Figure  7-138.  Rotation  Angles  for  Axis  Transformation 
Format  I 
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X3  =  X2  cos  8*  +  Z2  sin  8* 

Y  =  Y 
3  2 

Zg  =  X2  sin  8*  +  Z2  cos  8* 

Rotate  the  Xg  YgZg  coordinate  system  about  Xg  by  an  amount  (90-4*), 
to  its  final  orientation. 

X4=X3 

Y4  =  Yg  sin/i*  +  Zg  cosjli  * 

Z4  =  Yg  cos/i*  +  Zg  sinu* 

Although  the  three  (3)  sets  of  equations  presented  above  can  be  combined  they 
are  presented  in  the  uncombined  form  to  facilitate  both  their  understanding  and 
programming. 

The  definition  of  8*  and 4  *  is  determined,  with  the  aid  of  Figure  7-138,  as 
follows. 

tan  8*  =  cos  a  tan  8 

4*  which  is  the  angle  through  which  the  Xg  Yg  Zg  coordinate  system  must  be  rotated 
so  that  the  intersection  of  XY  plane  with  the  plane  X^  =  Xg  (in  the  X^  Y^  Z^  system) 
makes  an  angle  of  4  with  the  horizontal  (X^  Z^)  plane,  can  be  determined  as  follows. 

In  Figure  7-138  (which  depicts  the  coordinate  system  after  it  has  been  translated 
so  that  the  origin  of  the  system  is  at  the  tip  of  the  fuselage  nose)  the  plane  is  some 
transverse  plane  normal  to  the  X1  axis  and  located  at  X^  =  XS.  After  the  first  rota¬ 
tion  of  the  Xj  Yj  Z^  coordinate  system  through  an  angle  a  about  Z^,  P.^  assumes 
the  position  Pg.  The  second  rotation  through  8*  about  Yg  takes  P2  into  Position  Pg. 
This  is  the  plane  in  which  4  *  is  measured.  The  calculation  of  a*  is  as  follows. 

A  line  of  unit  length  is  drawn  from  (XS,  YS,  ZS)  making  an  angle  M  with  the 
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horizontal  in  the  plane.  This  line  terminates  at  the  point  (XS,  YX  +  sin  U, 

ZS  +  cos 4 ).  Through  this  point  a  line  L  is  drawn  parallel  to  the  X3  axis.  If  C 
is  a  vector  along  X^,  then  in  the  X^  Y^  Z^  coordinate  system,  the  direction  cosines 
of  line  I.  are 

r  =^S- 

Md 


V 


YS 

Id! 

ZS 

|C| 


Then  the  equation  of  Pg  in  the  X^  Y^  coordinate  system  is 
c1x  +  c2y  +  c3  Z  -  1  =  0 
The  equation  of  line  L  in  parame  trie  form  is 


x  =  tc1  +  xs 

Y  =  tC2  +  YS  +  sin  ju 
Z  =  tC3  +  ZS  +  cos  4 

The  intersection  of  the  line  L  and  plane  Pg  is  obtained  by  substituting  the 
parametric  equations  for  X,  Y,  Z  into  the  equation  for  Pg  to  obtain 
t  =  -C2  sin  4  — C3  cos  U 

and  then  resubstituting  into  the  parametric  equation  of  the  line  L  to  obtain  the  point 
of  intersection  (X,  Y,  Z). 


A  vector  defined  as  A,  is  drawn  from  (XS,  YS,  ZS)  to  X,  Y,  Z).  Where 
A  =  (X  -  XS)  t  +  (Y  -  YS)  ]  +  (Z  -  ZS)  k 
The  components  of  a  unit  vector  B ,  normal  to  Xg  and  lying  in  the  Xg  Zgplane 
(thereby  placing  it  also  in  the  Pg  plane)  are 

—  A  A  A 

B  =  -  sin/?*  cos  a  l  ~  sin  8*  sin  a  j  +  cos  0*  k 
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The  angle 4  *  is  determined  from  the  definition  of  the  dot  product.  So 

that 

O'*  =  cos  A  •  B _ 

|  Al  |  Bl  “ 

When  this  transformation  is  performed,  one  of  the  coordinates  (Z)  will  be  zero 
for  each  intersection  point  and  we  are  left  with  the  coordinates  of  a  contour  where  the 
X  axis  is  the  free  stream  direction  and  the  Y  values  are  the  Y  coordinates  of  an 
equivalent  body  of  revolution  for  the  particular  plane  cut. 

7 . 1 . 5. 3. 2  Computer  Program 

The  techniques  described  in  the  previous  section  have  been  incorporated  into  a 
computer  program  which  generates  the  spatial  and  planar  coordinates  of  the  intersection 
of  a  skewed  plane  with  an  aircraft  fuselage. 

The  capabilities  of  the  program  are  partially  demonstrated  in  Figure  7-139  which 
shows  the  intersection  of  a  group  of  planes  rotated  about  an  axis  inclined  at  an  angle 
of  7.5°  to  the  horizontal  with  plane  angles  of  90®,  60®,  24®,  0®  -30",  -60®,  -90°.  Also 
shown  are  a  group  of  planes  rotated  about  an  axis  inclined  at  15°  to  the  horizontal 
with  plane  angles  between  -28®  and  -63®.  Both  axes  of  rotation  lie  in  the  XY  plane 
03*0). 


7. 1. 5. 3. 3  Flow  Field  Analyses 

The  purpose  in  developing  the  fuselage  -plane  intersection  program  described 
in  the  previous  sections  was  to  have  the  ability  to  cut  planes  at  any  orientation  exactly 
and  quickly.  With  this  capability  it  is  possible  to  generate  bodies  of  revolution  whose 
axis  of  rotation  is  the  free  stream  direction  by  simply  specifying  the  angle  of  attack, 
angle  of  sideslip,  and  the  plane  angle. 
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CONFIGURATION  3 
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tO*  PLANS 


r/X£P  -  30*  PLANS 


Figure  7-139.  Flow  Field  Plane  Fuselage 
Intersections,  f  ormat  I 
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During  the  experimental  program,  fuselage  surface  pressure  measurements 
were  obtained  from  static  taps  located  along  fixed  planes  defined  as  the  24°,  0°, 

-30°,  -60°,  and  -90°  planes.  These  planes  had  an  axis  of  rotation  inclined  at  an 
angle  of  7. 5°  to  the  horizontal. 

Referring  to  Figure  7-139,  showing  the  trace  of  the  fixed  planes  in  plan  view  on 
fuselage  3,  together  with  the  corresponding  set  of  planes  whose  axis  of  rotation  is 
15°,  it  can  be  seen  that  the  equivalent  bodies  of  revolution  for  the  15°  angle  of 
attack  case  developed  by  the  exact  reference  plane  method  are  quite  different  from 
those  at  7. 5°  angle  of  attack  developed  by  the  basic  reference  plane  method.  Further¬ 
more,  the  planes  at  15°  angle  of  attack  intersect  a  fixed  plane  at  only  one  point. 
Therefore,  to  obtain  a  pressure  distribution  correlation  along  a  fixed  plane  it  is 
necessary  to  analyze  a  series  of  planes  intersecting  the  fixed  plane  in  that  region 
where  the  comparison  of  experimental  and  analytical  pressure  distribution  is  desired. 

Figure  7-139  shows  the  inter  section  of  a  series  of  planes  whose  rotation  axis  is 
inclined  at  15°  with  the  fixed  planes.  The  plane  angles  range  from  -28°  to  -52°  and 
-55°  to  -62°,  and  were  chosen,  to  intersect  the  fixed  24°,  0°,  and  -30°  planes  in  the 
region  where  experimental  pressure  data  is  available.  Figure  7-140  presents  a  two 
dimensional  plot  of  four  cut  planes. 

The  procedure  employed  to  compute  both  the  surface  and  flow  field  properties 
is  identical  to  that  used  in  the  original  analytical  method,  i.e. ,  generate  an  input 
line  by  assuming  conical  flow  over  the  tip  followed  by  a  method  of  characteristics 
solution.  The  static  pressure  obtained  on  the  body  of  revolution  at  the  point  of  inter¬ 
section  with  the  fixed  plane  is  used  to  compare  the  analytical  and  experimental  re¬ 
sults. 
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7. 1.5. 3. 4  Results 

For  the  example  case  of  15°  vehicle  angle  of  attack,  the  surface  static 
pressure  distribution  along  the  +24°,  0°,  and  -30°  planes,  computed  by  the  exact 
reference  plane  method,  are  presented  in  Figure  7-141.  Also  shown  are  the  values 
estimated  by  the  basic  reference  plane  method  and  the  results  obtained  experimentally. 

Development  of  the  exact  method  was  an  attempt  to  increase  the  predictive 
accuracy  of  the  computed  results,  particularly  at  high  angle  of  attack.  The  agreement, 
with  the  experimental  data,  achieved  with  the  exact  method  is  significantly  better 
than  that  achieved  by  the  basic  method.  This  is  most  clearly  seen  for  the  -30°  plane 
where  the  exact  method  accurately  predicts  both  the  location  and  magnitude  of  the 
abrupt  pressure  variations  recorded  experimentally.  The  analytically  predicted 
trend  in  pressure  distribution  for  the  other  two  planes  (0°  and  +24°)  are  also  accept¬ 
able  for  preliminary  design  purposes.  These  results  indicate  that  the  major  objective 
for  developing  the  exact  method  namely  an  improved  sensitivity  to  angle  of  attack 
has  been  accomplished.  An  examination  of  the  comparison  curve,  however,  also 
reveals  that  the  analytically  predicted  pressure  distributions  are  all  displaced 
from  the  corresponding  experimental  curves  a  fairly  uniform  amount.  In  addition 
to  the  aft  portion  of  the  fuselage  this  quantitative  disagreement  exists  over  the 
cone  -  ogive  comprising  the  forward  fuselage.  The  flow  properties  in  this  region 
of  fuselage  were  accurately  predicted  by  the  basic  reference  plane  method,  using 
a  conventional  method  of  characteristics  solution  for  an  equivalent  cone.  The  use 
of  a  skewed  plane  (exact  method)  results,  in  a  distorted  conical  ogive  and  a 
initially  incorrect  estimate  of  the  local  flow  properties.  Therefore,  although  the 
exact  method  closely  predicts  the  trend  in  flow  properties,  it  carries  the  initially 
inaccurate  estimate  through  the  entire  calculation  and  an  analytical  estimate  uni¬ 
formly  displaced  from  the  experimental  data  results.  Consequently,  an  adjustment 
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factor  can  be  applied  to  quantitatively  shift  the  values  estimated  by  the  exact  method. 
This  adjustment  factor  is  defined  as  the  ratio  of  the  cone  surface  static  pressure, 
calculated  by  the  basic  method,  divided  by  the  pressure  estimated  by  the  exact  method. 
The  local  surface  pressures  calculated  along  each  plane,  by  the  exact  method,  are  then 
multiplied  by  the  adjustment  factor  to  arrive  at  the  final  estimated  value. 

Although  only  a  limited  comparison  has  been  drawn  with  experiment,  the 
exact  reference  plane  method  appears  promising  as  a  way  to  approximate  the  vehicle 
induced  flow  field  and  continued  refinement  appears  justified  (see  Figure  7-141). 

7. 1.  5. 4  Semi-Empirical  Approach 

Examination  of  the  experimental  data  indicated  that; 

•  The  pressure  distribution  over  the  ogival  nose  of  the  fuselage 
is  closely  predicted  by  the  method  of  characteristics  solution 
and  those  distributions  appear  to  be  independent  of  the  down¬ 
stream  fuselage  cross-sectional  shape. 

•  The  pressure  distribution  over  that  section  of  the  fuselage 
where  the  cross-sectional  area  transition  from  circular 
(at  the  radar  dish)  to  the  final  shape  factor,  appear  to  be  a 
function  of  configuration  and  angle  of  attack. 

Based  upon  these  observations  a  flow  field  estimating  technique  conforming 
to  the  following  procedure  was  evaluated.  For  a  specified  flight  condition  and  nose 
geometry,  a  method  of  characteristics  calculation  is  made  to  solve  for  the  flow  field 
properties  surrounding  the  ogival  nose.  Using  tables  based  upon  the  surface  pressures 
obtained  during  the  tests,  the  anticipated  surface  pressure  downstream  of  the  fuselage 
transition  is  obtained,  as  a  function  of  flight  condition,  reference  plane  angularity  ), 
and  fuselage  shape  factor.  With  the  surface  pressure  at  the  radar  dish  analytically 
determined  and  the  downstream  surface  pressure  empirically  determined,  an  effective 
isentropic  contour  connecting  these  two  pressures  is  fa. red,  using  simple  Prandtl- 
Meyer  relationships.  The  fictitious  contour  obtained,  for  each  reference  plane,  is 
used  to  continue  the  method  of  characteristics  solution  downstream  of  the  ogival  nose. 
The  resultant  flow  fields,  at  the  survey  plane,  were  compared  with  the  experimental 
flow  field  to  determine  the  effectiveness  of  this  approach.  The  correlation  achieved 
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proved  to  be  strongly  dependent  upon  the  contour  shape  chosen  between  the  nose  and 
the  survey  station,  consequently,  an  iterative  appraoch  was  required  for  a  solution. 
An  iterative  procedure,  other  than  arbitrary,  could  not  be  developed  and  this  effort 
was  discontinued. 

7. 1.  5. 5  Empirical  Approach 

This  study  attempted  to  establish  a  causal  relationship  between  the  geometry 
and  the  flow  field  composition,  as  a  function  of  flight  condition.  The  approach  was  to 
divide  the  survey  plane  into  several  zones,  each  of  which  could  be  defined  in  terms  of 
location,  extent,  and  flow  properties,  as  a  function  of  flight  condition  and  geometry. 

It  had  been  seen,  from  previous  analyses,  that  the  vehicle  flow  fields  tended  toward 
a  geometry  dictated  structure  comprised  of  local  zones  within  which  the  flow  is 
relatively  uniform,  and  further,  that  the  existence  of  thes  :  zones  is  essentially  in¬ 
dependent  of  the  flight  condition.  The  absolute  value  of  the  thermodynamic  properties 
and  the  extent  of  each  zone  appeared,  however,  dependent  upon  the  flight  conditions. 

It  was  hoped,  therefore,  that  the  flow  field  could  be  structured  as  a  function  of  geo¬ 
metry.  The  absolute  values  within  each  zone  could  then  be  assigned  as  a  function  of 
flight  condition.  Having  these  generalized  empirical  curves  established,  a  flow  field 
could  be  "patched"  together  for  any  generalized  geometry  and  flight  condition. 

It  was  hoped  that  a  rough  picture  of  the  flow  field  could  be  achieved  with  the 
establishment  of  three  (3)  or  four  (4)  zones.  However,  a  much  finer  division  of  the 
flow  field  proved  necessary  to  generalize  the  flow  properites.  In  view  of  the  fact 
that  the  experimental  data  were  available  and  that  the  application  of  this  method  was 
rather  restricted  to  configurations  approximating  those  tested,  the  small  gain 
attributable  to  generalizing  was  deemed  unwarranted  and  the  effort  was  discontinued. 
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7.  2  Fuselage  Alone  (Data  Format  IV) 

7.  2. 1  General 

The  format  IV  model  was  configured  to  obtain  fuselage  flow  field  data  at  the 
postulated  aft  inlet  location  (50%  ACL).  These  data  were  obtained  for  all  seven  fuse¬ 
lages  employed  in  the  program.  The  flow  field  surveys  were  made  alongside  the 
fuselage,  under  the  primary  wing  (55°  sweep).  To  assess  the  effect  of  wing  sweep  a 
limited  number  of  surveys  were  made  with  a  65°  swept  wing  installed. 

An  examination  of  the  experimental  data  indicates  that  the  composition  of  the 
flow  field  is  influenced  by  the  individual  geometric  components  (wing  and  fuselage)  as 
a  function  of  angle  of  attack.  It  is  also  apparent  that  the  wing  orientation,  with  respect 
to  the  locally  approaching  flow,  is  the  dominant  factor  affecting  the  flow  field.  For 
example,  at  negative  and  low  vehicle  angle  of  attack  the  flow  field  under  the  wing  has 
experienced  either  a  very  weak  expansion  or  compression.  With  the  wing  acting  as 
an  essentially  non  working  component,  the  flow  field  is  structured  as  a  function  of 
fuselage  lower  corner  geometry.  This  results  in  a  zonal  arrangement,  throughout 
the  survey  plane,  quite  similar  to  that  obtained  at  the  forward  survey  plane  (Format 
I).  The  very  presence  of  the  wing  does  tend  to  induce  a  dampening  force  such  that 
those  effects  shown  to  occur  at  the  forward  survey  plane  do  not  appear  as  dramatically 
at  the  aft  survey  station.  The  wing  physically  segregates  the  flow  over  the  top  of  the 
fuselage  from  that  along  the  side  and  bottom  of  the  fuselage.  In  this  manner  the 
inherent  downwash  from  the  top  of  the  fuselage,  due  to  nose  droop  and  vehicle  angle 
of  attack,  cannot  penetrate  and  influence  the  flow  field  along  the  side  of  the  fuseiage. 

With  the  vehicle  angle  of  attack  increased  to  moderate  levels  (+5  to  +15°)  the 
wing  becomes  a  working  component.  At  subsonic  and  transonic  Mach  numbers  the 
wing  under  surface  forces  the  local  streamlines  toward  alignment  with  its  contour. 

The  degree  of  alignment  of  course,  varies  inversely  with  distance  from  the  wing  sur¬ 
face.  Within  the  angle  of  attack  range  this  physically  constrained  inviscid  layer  is 
virtually  insensitive  to  the  potential  aerodynamic/geometric  effects  due  to  the  fuse¬ 
lage  corner  and  the  vehicle  angle  of  attack  and,  in  fact,  appears  to  impose  an  over¬ 
pressure  that  cancels  out  these  effects.  The  result  is  that  the  flow  field  zonal 
structure,  seen  to  be  strongly  related  to  fuselage  corner  geometry  at  the  forward 
survey  station,  does  not  develop  and  the  flow  fields  for  all  fuselages  appear  quite 
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similar.  At  supersonic  Mach  numbers  the  locally  approaching  flow  is  aligned  with 
the  wing  underside  contour  through  the  leading  edge  shock  wave.  The  entire  inviscid 
shock  layer  is  rather  uniform  with  an  abrupt  discontinuity  occurring  across  the  wave. 

In  general,  then,  the  wing  dictates  flow  field  composition  in  this  angle  of  attack  .range. 

For  high  vehicle  angle  of  attack  the  flow  field  is  influenced  by  both  the  wing 
and  the  fuselage  corner.  The  wing  is  performing  more,  though  perhaps  less  efficient, 
work  on  the  flow  thereby  producing  a  strong  over  pressure  region  under  the  wing.  The 
potential  upwash,  inherent  at  these  high  angles  of  attack  because  of  the  large  peripheral 
pressure  gradient,  becomes  formidible  and  does  influence  the  flow  field  alongside  the 
fuselage,  as  a  function  of  corner  geometry.  For  example,  a  small  rapidly  developed 
fuselage  corner  configuration  tends  to  segregate  the  flow  along  the  side  of  the  fuselage 
from  that  along  the  bottom  of  the  fuselage.  Consequently  the  wing  induced  over  pres¬ 
sure  extends  over  a  narrow  inboard  portion  of  the  flow  eld  down  to  a  point  near  the 
vertical  tangency  point  of  the  corner.  This  corner  geometry  results  in  a  rapid  flow 
expansion  which  penetrates  the  lower  portion  of  the  flow  field  alongside  the  fuselage 
in  the  form  of  a  relatively  small  region  of  high  angularity.  An  increase  in  corner 
radius  and/or  a  decrease  in  the  local  rate  of  corner  development  both  tend  to  dis¬ 
tribute  the  upwash  gradient  more  gradually.  This  results  in  a  larger  zone  of  in¬ 
fluence  and  a  lower  local  flow  angularity.  The  end  point  is,  of  course,  a  large 
gradually  developed  corner  radius  which  induces  a  large  uniform  region  of  relatively 
low  angularity  across  the  lower  portion  of  the  flow  field. 

During  the  analyses  of  Format  l  itvas  seen  that  local  angularity  varied 
significantly  as  a  function  of  free  stream  Mach  number,  angle  of  attack,  and  fuselage 
corner  geometry.  In  addition,  it  will  subsequently  be  shown  that  variations  in  inlet  per¬ 
formance  (Format  II)  due  to  integration  with  different  fuselages  can,  in  most  cases, 
be  logically  explained  in  terms  of  these  variations.  As  opposed  to  this,  the  para¬ 
meter  of  sidewash  angle  was  seen  to  be  a  parameter  insensitive  to  both  geometry 
and  test  condition  and  generally  had  little  effect  upon  inlet  performance.  In  the  same 
vein  a  discernable  impact  of  local  Mach  number  variation,  upon  inlet  performance, 
could  not  be  established. 
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In  examining  the  under  wing  flow  fields  (Format  IV)  and  their  influence  upon 
inlet  performance  (Format  III )  an  effect  attributable  to  local  Mach  number  variation 
is  again  not  obvious.  The  presence  of  the  wing  restricts  variations  in  local  flow 

angularity  that  tends  to  eliminate  geometry  dependant  local  zones.  As  a  result  the 

» 

influence  of  flow  angularity,  upon  inlet  performance,  is  diminished  in  importance. 

On  the  other  hand,  the  variation  in  sidewash  angle  is  now  extremely  large,  primarily 
as  a  function  of  angle  of  attack  and  secondarily  as  a  function  of  Mach  number  and 
fuselage  geometry.  The  quantitative  change  in  the  average  sidewash  vector,  for  an 
angle  of  attack  excursion  between  -3°  and  +25°,  varies  from  slightly  positive  to  a 
negative  value  approximating  10°  to  15°.  The  variation  of  sidewash  is  due  to  the 
"channeling"  of  the  flow  in  this  region.  Both  the  wing  undersurface  and  the  fuselage 
sidewall  physically  constrain  the  flow.  The  pressure  gradient,  from  the  bottom  of  the 
fuselage  provides  an  aerodynamic  constraint  upon  the  flew.  Consequently  as  the  static 
pressure  level  in  this  three  sided  channel  increases,  a  favorable  lateral  gradient  is 
established  and  an  outflow  vector  (negative  sidewash)  results.  The  magnitude  of  the 
sidewash  vector  varies  directly  with  this  lateral  gradient  and  since  both  the  wing  in¬ 
duced  flow  field  and  the  fuselage  upwash  gradient  increase  in  intensity,  as  angle  of 
attack  is  increased,  the  magnitude  of  the  negative  sidewash  increases  with  angle  of 
attack. 

Presented  in  following  sections  is  a  discussion  of  the  test  results. 

7.  2. 2  Fuselage  Effects 
7.  2,  2. 1  Mach  Number  0.  8 

For  this  Mach  number  the  flow  angularity  is  seen  to  be  wing  dominated  with 
three  horizontal  zones  comprising  the  flow  field.  Near  the  wing  the  flow  generally 
follows  the  wing  contour.  As  the  vertical  distance  from  the  wing  increases  the 
angularity  deviates  such  that  two  additional  zones  are  established  each  with  a  pro¬ 
gressively  lower  angularity.  An  examination  of  the  data  reveals  a  large  variation 
in  sidewash  occurs,  as  a  function  of  angle  of  attack.  Also  noted  is  the  fact  that  the 
flow  field  composition  and  the  quantitative  levels  of  sidewash  are  quite  similar  for 
all  fuselage  configurations.  The  local  flow  angularity  and  sidewash  for  a  small  fuse¬ 
lage  corner  radius  configuration  (fuselage  1)  and  a  large  corner  radius  configuration 
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(fuselage  4)  are  presented  for  angles  of  attack  of  0°,  +10°,  and  +20°  in  Figures  7-142 
through  7-147  and  7-148  through  7-153  respectively. 

7.  2.  2.  2  Mach  Number  1.  3 

At  this  Mach  number  the  flow  field  angularity  appears  quite  similar  to  that 
obtained  at  Mach  0.  8  with  the  field  comprised  of  two  or  three  horizontal  zones.  The 
sidewash  also  appears  similar  to  Mach  0.  8.  Both  the  qualitative  composition  and  the 
average  quantitative  level  of  sidewash  are  similar  from  fuselage  to  fuselage.  This 
similarity  is  seen  by  comparing  the  flow  field  angularity  and  sidewash  characteristics 
of  fuselage  4  at  angles  of  attack  of  0°,  +10°,  and  +20°,  presented  in  Figures  7-154 
through  7-159,  with  the  corresponding  Mach  0. 8  flow  field  characteristics  presented 
in  Figures  7-148  through  7-153.  The  lone  configuration  not  conforming  to  the  general 
pattern  is  fuselage  3,  at  high  angle  of  attack.  For  this  small  rapidly  developed  fuse¬ 
lage  corner  the  peripheral  pressure  gradient  induces  a  significant  upwash  zone  over 
the  inboard  portion  of  the  survey  plane  that  penetrates  up  to  the  area  near  the  wing 
undersurface.  Consequently  the  local  and  average  flow  angularity  differs  from  the 
general  case.  Digression  of  the  fuselage  3  flow  field  angularity  from  the  general 
case,  as  angle  of  attack  is  increased  from  0°  to  10°  and  +20°  is  displayed  in  Figures 
7-160  through  7-162. 

7.  2.  2.  3  Mach  Number  1.  8 

At  this  Mach  number  the  flow  field  angularity  assumes  a  classical  angle  of 
attack  dependent  pattern.  The  fields  induced  by  all  fuselages  appear  quite  similar 
except  at  the  high  angle  of  attack  conditions  where  the  fuselage  corner  geometry 
effects,  noted  previously  for  fuselage  3  at  Mach  number  1.  3,  are  again  evident.  The 
influence  of  these  effects  has  increased  due  to  the  higher  Mach  number.  For  the  low 
and  Intermediate  angle  of  attack  range  (a  £  +15°)  the  flow  field  sidewash  character¬ 
istics  of  all  fuselages  are  very  similar  in  terms  of  the  zonal  arrangement  and  average 
sidewash  value.  At  the  high  angle  of  attack  (a  -  +20°)  the  flow  field  sidewash  is 
partially  influenced  by  the  fuselage  corner  geometry,  as  seen  at  previously  discussed 
Mach  numbers.  Typical  flow  angularity  and  sidewash  characteristics  are  presented 
at  angles  of  attack  of  0°,  +10°,  and  +20°,  for  a  small  corner  configuration  (fuselage  1) 
in  Figures  7-163  through  7-168  and  for  a  large  corner  configuration  (fuselage  4)  in 
Figures  7-169  through  7-174.  To  illustrate  the  difference  in  flow  field  characteristics 
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Fuselage  7-146.  Sidewasb  Angle 
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Figure  7-147.  Sidewasb  Angle 


UNCLASSIFIED 


UNCLASSIFIED 


Fuselage  4 
PCPN 

Mach  Number  =  0. 8 
Ct  =10° 

Format  IV 


f 


Figure  7-149.  local  Flow  Angularity 
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Figure  7-151,  Sidewash  Angle 
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F  igure  7-154.  Local  Flow  Angularity 
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Figure  7-168.  Sidewash  \ngle 
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Figure  7-169.  Local  Flow  Angularity 
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Figure  7-172.  Sidewash  Angle 


UNCLASSIFIED 


UNCLASSIFIED 


UNCLASSIFIED 


induced  by  fuselage  3  the  local  sidewash  is  presented  in  Figures  7-175  and  7-176, 
for  an  angle  of  attack  of  +10°  and  +20°. 

7. 2. 2. 4  Mach  Number  2. 2 

Qualitatively  the  flow  field  characteristics  at  this  Mach  number  are  essen¬ 
tially  the  same  as  those  seen  at  Mach  1.  8.  Quantitatively  the  variation  in  sidewash 
with  angle  of  attack,  is  larger  than  seen  at  the  lower  Mach  numbers,  as  described  in 
Section  7. 2. 1.  The  sidewash  characteristics  for  all  seven  fuselage  configurations  are 
presented  in  Figures  7-177  through  7-183  for  0°  angle  of  attack  and  in  Figures  7-184 
through  7-190  for  the  +10°  angle  of  attack. 

7. 2.  2.  5  Mach  Number  2.  5 

There  are  no  new  flow  field  effects  evident  at  this  Mach  number  and  the 
flow  fields  are  qualitatively  similar  to  those  seen  at  lower  Mach  numbers.  There 
is  a  continued  increase  in  sensitivity  of  sidewash  to  angle  of  attack,  with  the  variation 
larger  at  this  Mach  number  than  for  the  lower  Mach  numbers.  The  local  flow  angu¬ 
larity  and  sidewash  characteristics  are  illustrated,  at  angles  of  attack  of  0°,  +I0j  and 
+20°,  for  a  small  corner  radius  configuration  (fuselage  1)  and  a  large  corner  radius 
configuration  (fuselage  4),  in  Figures  7-191  through  7-196  and  Figures  7-197  through 
7-202,  respectively. 

7. 2.  3  Wing  Effects 

In  addition  to  the  evaluation  of  fuselage  geometry  effects,  an  investigation 
of  the  impact  of  wing  sweep  upon  flow  field  composition  was  made.  The  tests, 
designed  to  isolate  the  wing  influence,  fixed  ail  other  geometric  components.  The 
vehicle  configuration  was  built  up  with  the  primary  nose  and  canopy  and  the  fuselage 
3  configuration.  The  primary  wing  sweep  of  55°  and  the  secondary  wing  sweep  of  65° 
were  integrated  with  this  vehicle  configuration  and  flow  field  surveys  under  each  wing 
were  made. 

The  variation  in  fuselage  flow  field  composition  induced  by  the  change  in 
wing  sweep  was  quite  small  at  the  survey  plane  particularly  with  regard  to  the  level  of  flow 
angularity,  at  the  survey  plane,  which  was  essentially  unaffected.  This  was  also  true  for  the 
local  sidewash  except  for  the  upper  outboard  region  of  the  survey  plane  where  the 
65°  sweep  tended  toward  a  slightly  higher  level  of  negative  sidewash.  A  condition 
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Figure  7-175.  Sidewash  Angle 
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Figure  7-181.  Sidewash  Angle 
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Figure  7-185.  Sidewash  Angle 
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Figure  7-186.  Side  wash  Angle 
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Figure  7-189.  Side  wash  Angle 
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Figure  7-195.  Sidewash  Angle 
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Figure  7-198.  Local  Flow 
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Figure  7-201.  Sidewash  Angle 
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attributable  to  the  smaller  span  of  the  65°  wing,  at  the  survey  station,  causing  a 
more  inboard  relief  of  the  wing  under  pressure  and  a  consequent  increase  in  negative 
sidewash.  The  more  highly  swept  65°  wing  is  more  efficient  (lower  drag)  and  the 
downstream  Mach  number  and  total  pressure  are  therefore  higher. 

7. 3  Met  Alone  (Data  Format  V) 

7.3.1  General 

This  portion  of  the  test  program  was  devoted  to  an  evaluation  of  the  unin¬ 
stalled  two-dimensional  and  axisymmetric  inlets.  These  tests  were  conducted 
across  the  entire  Mach  number  and  angle  of  attack  spectrum  to  obtain  baseline  inlet 
performance  data.  The  resultant  performance  was  also  compared  with  the  analytical 
predictions  to  evaluate  the  accuracy  of  the  analytical  technique  and  to  uncover  any 
inherent  inlet  operational  characteristics. 

The  comparisons  made  between  experiment  and  theory  have  been  made  as 
shown  in  Figure  7-203.  The  theoretical  performance  was  calculated  at  the  critical 
inlet  operating  point.  For  an  inviscid  analysis  the  supercritical  leg  was  then  es¬ 
tablished  as  a  vertical  line  because  the  terminal  shock  is  inside  the  duct  and  the 
spillage  does  not  vary  with  shock  position.  The  total  pressure  recovery,  for  this 
mode,  varies  inversely  with  terminal  shock  strength.  For  the  subcritic al  mode, 
with  the  terminal  shock  expelled,  the  mass  flow  decreases.  The  total  pressure  re¬ 
covery  can  either  increase  or  decrease,  depending  upon  the  local  flow  environment 
established  by  the  external  compression  system  presented  to  the  terminal  shock  and 
the  variation  in  diffuser  Mach  number  as  a  function  of  mass  flow.  For  simple  ex¬ 
ternal  compression  systems  this  variation  is  usually  small;  thus,  the  subcritical  leg 
can  be  represented  by  a  horizontal  line.  For  a  simplified  analysis,  the  character¬ 
istic  cane  presenting  total  pressure  recovery  versus  mass  flow  ratio  can  therefore 
be  approximated  by  extending  a  horizontal  and  vertical  line  from  the  critical  point, 
as  shown  in  the  sketch. 

There  are  effects,  predominantly  viscous  in  nature,  that  may  result  in  an 
experimentally  derived  characteristic  cane  that  deviates  from  this  simplified  approx¬ 
imation.  For  a  particular  inlet  concept  the  deviation  is  generally  a  function  of  Mach 
number  and  angle  of  attack.  Within  any  conceptual  approach  it  is,  of  course,  uniquely 
tied  to  the  particular  geometry  being  employed.  For  the  analysis  of  a  particular  inlet 
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design  this  relationship  between  sir  plified  theory  and  experiment  represents  a  use¬ 
ful  tool,  helpful  in  evaluating  the  inherent  inlet  characteristics.  However,  when 
using  a  specific  inlet  design  to  assess  the  ability  of  a  generalized  analytical  technique 
to  predict  the  inlet  performance,  two  factors  are  apparent.  The  analytical  technique, 
because  of  its  simplified  approach  does  not  account  for  the  viscous  effects,  which  are 
obviously  present  in  the  real  inlet.  Because  of  its  generalized  nature  this  type  of 
analysis  cannot  account  for  the  unique  effects  related  to  the  geometry  of  a  particular 
design.  It  is  therefore  necessary  that  the  comparison  between  theory  and  experiment 
account  for  these  differences.  The  approach  adopted  was  to  compare  the  critical 
experimental  total  pressure  recovery  with  the  estimated  total  pressure  recovery;  how¬ 
ever,  the  estimated  mass  flow  ratio  was  compared  with  the  supercritical  experimental 
mass  flow  ratio.  In  this  manner  the  viscous  and  geometry  effects  of  the  experimental 
model  (shaded  area,  Figure  7-203)  do  not  distort  the  comparison. 

The  theoretical  characteristic  cures  to  be  shown  in  succeeding  sections 
have  been  derived  in  this  way, 

7.  3. 2  Two-Dimensional  inlet 

7.  3. 2. 1  Inlet  Mass  Flow  Ratio  Correlation 

Presented  in  Figures  7-204  through  7-208  are  comparisons  of  inlet  mass 
flow  ratio.  The  experimental  values  shown  represent  supercritical  mass  flow  ratios, 

l 

selected  using  the  rationale  established  in  Section  7. 3. 1.  The  theoretical  values 
represent  the  results  of  the  inlet  design  task  described  in  Section  HI.  Inspection 
of  these  curves  indicates  excellent  agreement  between  the  predicted  and  experi¬ 
mental  mass  flow  ratios.  The  lone  exception  is  1. 2. 

i 

I 

This  agreement  between  predicted  and  experimental  mass  flow  ratio  was 
anticipated.  The  classical  tv/o-dimensional  configuration,  oriented  to  compensate 
for  angle  of  attack,  lends  itself  to  the  use  of  simplified  wave  theory  in  the  determi-  i 

nation  of  the  boundary  sUpline.  The  variation  in  capture  area,  as  a  function  of 
angle  of  attack,  is  derived  accurately  by  simple  trigonometric  functions.  The  poten-  ! 

tial  influence  of  viscous  cross  flow  effects  upon  the  predictive  accuracy  of  an  inviscid 
analysis  is  minimal  in  this  case,  where  the  compression  surface  orientation  realigns 
the  flow. 
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Figure  7-207.  Comparison  of  Theory  and  Experiment,  Format  V,  2-Dim axc  ional  Inlet 

M  =  2. 2 
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Figure  7-208.  Comparison  of  Theory  and  Experiment,  Format  V,  2- Dimensional  Inlet 

M®  =  2.  5 
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There  is  one  weak  trend  evident  at  all  Mach  numbers  namely,  a  tendency 
for  the  experimental  mass  flows  to  exceed  theoretical  predictions.  This  can  probably 
be  associated  with  manufacturing  tolerances.  For  example,  a  slightly  undersized 
duct  area  at  the  total  head  rake  station  would  result  in  a  local  Mach  number  higher 
than  predicted,  however,  the  data  reduction  program  contains  the  design  duct  area 
and  this  combination  of  computed  Mach  number  and  design  duct  area  would  yield 
experimental  mass  flows  that  are  slightly  on  the  high  side. 

Based  upon  the  comparison  of  theory  and  experiment  three  general  design 
guidelines  can  be  postulated  for  the  inlet  concept  under  study. 

•  For  subsonic  freestream  Mach  numbers  the  inlet  mass  flow 
ratio  can  be  predicted  quite  accurately  using  a  one-dime.  - 
sional  analysis. 

This  is  shown  by  the  results  achieved  at  M  =0.  8. 

00 

•  For  supersonic  Mach  numbers  where  theory  predicts  a  mixed 
supersonic/subsonic  inlet  external  flow  field,  the  mass  flow 
ratio  is  strongly  affected  by  the  curvature  of  the  boundary 
streamline  between  the  external  normal  shock  and  the  cowl 
lip.  The  accuracy  of  any  mass  flow  prediction  depends  upon 
how  well  this  streamline  curvature  is  estimated. 

For  the  subject  tests  a  mixed  flow  field  existed  at  Mach  1.  2 
at  all  angles  of  attack  and  at  Mach  1.  8  for  high  angles  of  attack, 
it  was  at  these  conditions  that  the  poorest  correlation  was 
achieved. 

•  For  supersonic  Mach  numbers  with  a  supersonic  inlet  external 
flow  field  predicted,  the  use  of  simplified  wave  theory  results 
in  an  accurate  estimate  of  inlet  mass  flow  ratio. 

The  comparison  of  experiment  and  theory  at  Mach  1. 8  for  low 
angles  of  attack,  and  Mach  2.  2  and  2.  5  support  this  conclusion. 

7.  3.  2. 2  Inlet  Total  Pressure  Recovery  Correlation 

Presented  in  Figures  7-209  through  7-213  are  comparisons  of  experimental 
and  theoretical  inlet  total  pressure  recovery. 
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Figure  7-212.  Comparison  of  Theory  and  Experiment,  Format  V,  2-Dimensional  Inlet 
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In  general,  the  trend  in  total  pressure  recovery,  as  a  function  of  angle 
of  attack,  is  clearly  predicted  by  theory  at  all  Mach  numbers  tested.  However,  the 
accuracy  of  the  analytical  estimates  are  a  function  of  both  Mach  number  and  angle  of 
attack. 


At  Mach  l.2a  large  discrepancy  appears  to  exist  between  theory  and  experi¬ 
ment.  However,  an  examination  of  the  individual  characteristic  canes  indicates  that 
critical  operation  was  never  achieved  during  these  tests  and  the  experimental  values 
shown  are  supercritical.  The  comparison  is  presented  to  show  the  similarity  in 
trend,  as  a  function  of  angle  of  attack,  between  theory  and  experiment. 

For  Mach  1.8  and  2. 2  there  is  excellent  agreement  between  theory  and 
experiment  for  angles  of  attack  up  to  approximately  10  degrees.  For  higher  angles 
of  attack  the  general  trend  is  approximated  by  theory  but  the  accuracy  is  only  fair. 

The  onset  of  divergence  between  theory  and  experiment  can  be  related  to  first  and/or 
second  compression  ramp  shock  detachment  and  the  local  pressure  distribution  in¬ 
duced  by  the  realigned  shock  structure.  This  is  a  Mach  number  dependent  effect. 

At  Mach  2.  5  there  Is  a  difference  between  theory  and  experiment  that  can 
be  traced  in  part  to  a  poor  estimate  of  subsonic  diffuser  "  AH/q".  During  the  anal¬ 
ysis  task  the  "AH/q"  was  considered  equal  to  that  used  for  the  Mach  2. 2  diffuser 
although  the  duct  diffusion  rate  was  much  more  rapid  for  the  Mach  2.  5  case.  A  cor¬ 
rected  prediction  is  shewn  using  a  duct  loss  factor  corresponding  to  the  higher  ex¬ 
pansion  rate.  The  resultant  agreement,  especially  the  similarity  of  trend,  is  good. 
The  remaining  discrepancy  may  be  attributable  to  the  effects  of  shock-boundary  layer 
interaction,  due  to  the  presence  of  a  strong  terminal  wave.  Increasing  angle  of  attack 
weakens  this  wave  and  the  correlation  does  improve.  It  is  pointed  out,  however,  that 
this  agreement  is  achieved  at  values  of  extremely  low  total  pressure  recovery. 

7.  3. 3  Axisymmetric  Inlet 

7.  3.  3. 1  Mass  Flow  Ratio  Correlation 

Presented  in  Figures  7-214  through  7-218  are  comparisons  of  mass  flow 
ratio  for  the  axisymmetric  inlet.  Inspection  of  these  data  indicates  generally  fair 
agreement  between  theory  and  experiment. 
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For  a  free  stream  Mach  number  of  0.  8  the  agreement  is  excellent  for  the 
entire  angle-of-attack  range,  indicating  that  the  predictive  accuracy  of  a  one-dimen¬ 
sional  analysis  is  acceptable  for  preliminary  design  studies.  An  operational 
point  of  interest  emerges  from  an  examination  of  the  individual  characteristic  canes 
generated  at  this  Mach  number.  A  shift  in  mass  flow  ratio  occurs  as  the  inlet  is 
throttled  from  supercritical  to  critical  operation.  Further,  the  magnitude  of  this 
shift  decreases  with  increasing  angle  of  attack.  The  conclusions  drawn  are, 

•  The  boundary  layer  bleed  system  can  be  sized  roughly  by 
assuming  potential  flow.  However,  the  pumping  capacity 
of  the  perforated  bleed  configuration  used  appears  insensi¬ 
tive  to  the  increased  pressure  ratio  across  the  system 
resulting  from  a  throttling  of  the  inlet,  even  though  the 
system  is  probably  unchoked.  Consequently,  the  boundary 
layer  thickens,  reducing  the  effective  inlet  cowl  flow  area 
and  ingested  mass  flow. 


•  The  cross  flow  induced  by  the  Introduction  of  angle  of  attack 
tends  to  sweep  the  boundary  layer  from  the  external  compres¬ 
sion  surfaces.  This  results  in  an  effective  inlet  throat  flow  area 
that  increases  as  a  direct  function  of  this  cross  flow  gradient,  an 
effect  related  directly  to  angle  of  attack.  At  high  angle  of 
attack  the  effective  area  approximates  the  geometric  area 
and  the  slope  of  the  supercritical  leg  of  the  characteristic 
cane  approaches  vertical. 

[n  reviewing  the  two-dimensional  inlet  characteristic  canes,  for  the  Mach 
0.  8  case,  an  absence  of  mass  flow  shift  is  noted.  As  discussed  previously  excellent 
agreement  with  theory  was  also  achieved  with  this  inlet.  However,  this  design  em¬ 
ployed  a  flush  slot  boundary  layer  bleed  system.  It  can  be  deduced  that  a  potential 
flow  sizing  of  the  bleed  system  produces  adequate  estimates  and,  further,  that  this 
system  is  more  responsive  to  the  imposed  pressure  gradient. 
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The  conclusions  concerning  bleed  system  sensitivity  can  be  extended  to 
include  the  case  with  the  bleed  system  choked.  Here  the  pumping  capacity  varies 
with  upstream  density  and  not  with  density  and  discharge  Mach  number,  ss  is  the 
case  for  an  unchoked  system.  However,  this  difference  will  not  affect  the  inherent 
response  of  either  system  and  their  choked  performance  characteristics  can  be  con¬ 
sidered  identical  to  the  unchoked  case.  The  i-  'proved  characteristic  cane  shape 
resulting  from  use  of  the  flush  slot  bleed  system  can  be  considered  an  advantage  for 
this  approach  because  it  can  potentially  match  an  engine  operating  line  closer  to  the 
critical  point  thereby  achieving  a  higher  performance  level,  in  terms  of  total  pres¬ 
sure  recovery  and  steady  state  distortion. 

At  Mach  number  1.  2  generally  good  agreement  exists  for  the  entire  angle- 
of-attack  range.  At  this  Mach  number  the  external  flow  field  is  near  sonic,  making 
a  one-dimensional  analysis  applicable.  The  mass  flow  shift,  seen  during  examina¬ 
tion  of  the  subsonic  Mach  number  case  appears  again.  At  negative  and  low  positive 
angles-of-attack  the  capacity  of  the  boundary  layer  bleed  system  appears  inadequate. 
As  a  result  the  smaller  effective  throat  flow  area  results  in  an  ingested  mass  flow 
below  that  predicted  by  theory.  However  at  the  higher  angles-of-attack  ths  cross 
flow  gradient  sweeps  the  surface  boundary  layer,  the  effective  cowl  area  approxi¬ 
mates  the  geometric  cowl  area,  and  the  agreement  is  quite  good. 

Examination  of  the  supersonic  Mach  numbers  leads,  in  general,  to  the 
same  conclusions  regarding  correlation  as  were  drawn  previously  for  the  two- 
dimensional  inlet.  However,  It  does  appear  that  the  predictive  accuracy  of  the  tech¬ 
nique  employed  to  analyze  the  axisymmeiric  inlet  is  somewhat  poorer,  due  primarily 
to  the  use  of  a  simplified  approximation  of  the  radial  flow  profile.  Consequently,  any 
estimate  of  the  boundary  slipline  curvature  has  a  small  built-in  error. 

In  addition  to  this  general  conclusion,  comparing  the  axisymmetric  and 
two-dimensional  calculation  procedures,  an  examination  of  the  correlation  achieved 
with  the  axisymmetric  inlet  at  Mach  1. 8,  2. 2,  and  2.  5  shows  that  the  accuracy  of 
that  calculation  technique  varies  inversely  with  the  extent  of  the  boundary  slipline. 

As  the  Mach  number  is  increased  the  inlet  moves  toward  a  shock  on  lip  condition  and 
the  correlation  imnroves. 
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For  the  supersonic  Mach  numbers,  as  angle  of  attack  was  increased,  the 
inlet  exhibited  a  tendency  to  delay  the  onset  of  rapid  mass  flow  ratio  decay,  beyond 
angles  normally  associated  with  this  inlet  concept.  This  can  probably  be  related  to 
the  rather  weak  external  supersonic  compression  process  employed  and  the  weak 
resultant  cross  flow  gradient.  The  compression  surface  geometry  results  from  the  need 
to  match  both  the  transonic  and  supersonic  mass  flow  requirements.  However,  this  necessity 
to  match  4'  *  mass  flow  ratios  for  a  wide  range  of  free  stream  Mach  numbers,  with 
external  compression  surfaces  that  do  not  vary  in  deflection  angle,  does  produce  an 
unbalanced  compression  of  the  flow.  Further,  with  increasing  free  stream  Mach 
number  this  imbalance  increases,  as  does  the  strength  of  the  terminal  shock.  As 
angle  of  attack  is  introduced  the  external  compression  increases,  weakening  the 
terminal  shock,  but  increasing  the  downstream  pressure  level.  The  change  in  pres¬ 
sure  level  is  a  function  of  the  initial  imbalance,  a  Mach  number  dependent  effect. 

In  addition,  the  change  occurs  in  a  nonuniform  fashion,  around  the  inlet  periphery. 

The  result  is  a  Mach  number  dependent  shock  induced  peripheral  pressure  gradient. 

This  gradient  reinforces  the  inherent  c^oss  flow  gradient  due  strictly  to  angle  of 
attack  operation,  and  in  combination  their  strength  determines  the  onset  of  mass 
flow  decay.  This  effect  is  evident  in  the  comparison  curves. 

At  Mach  1.  8  the  inlet  efficiency  is  relatively  high,  consequently  the  shock 
induced  gradient  is  weak.  As  a  result  mass  flow  decay  is  not  experienced  for  the 
entire  angle  of  attack  range.  At  Mach  2.  2,  angle-of-attack  tends  to  improve  inlet 
pressure  recovery  and  the  combined  gradient  causes  decay  at  about  20  degrees 
angle  of  attack.  At  Mach  2.  5,  the  zero  angle  of  attack  compression  process  is  quite 
unbalanced,  due  to  the  large  throat  area  required  for  transonic  operation,  conse¬ 
quently  mass  flow  decay  occurs  earlier,  about  10  degrees  in  this  case,  in  the  angle 
of  attack  excursion. 

7.  3.  3.  2  Inlet  Total  Pressure  Recovery  Correlation 

Presented  in  Figures  7-219  through  7-223  are  comparisons  of  inlet  total 
pressure  recovery. 

At  Mach  0.  8  the  agreement  between  theory  and  experiment  is  quite  good 
across  the  entire  angle  of  attack  range.  Inspection  of  the  individual  characteristic 
canes  indicates  that  the  inlet  did  not  achieve  critical  operation.  Consequently  the 
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level  of  correlation  achievable  is  potentially  better  than  that  demonstrated.  The 
correlation  achieved  at  Mach  1. 2,  which  was  excellent,  supports  this  conclusion. 

At  this  Mach  number  the  inlet  performance  is  estimated  with  one-dimensional  tech¬ 
niques,  as  was  the  case  at  Mach  0.  8,  but  with  the  inlet  operating  closer  to  the  critical 
point  the  correlation  was  better. 

At  Mach  1. 8  the  theoretical  performance  agrees  very  well  with  the  experi¬ 
mental  results  for  angles  of  attack  up  to  zero  degrees.  The  correlation  is  quite  poor 
for  higher  angles.  This  stems  from  a  malfunction  of  the  inlet  throttling  plug  that  pre¬ 
vented  the  development  of  complete  characteristic  canes,  at  these  angles  of  attack. 
Although  the  characteristic  at  zero  angle  of  attack  does  not  clearly  depict  critical 
operation,  the  level  of  steady  state  distortion  does  indicate  near  critical  operation. 
Therefore,  we  can  project  good  correlation  for  angles  of  attack  higher  than  indicated 
by  the  comparison  curves,  probably  on  the  order  of  10  degrees. 

At  Mach  2.  2  well  defined  inlet  characteristics  were  obtained  and  the  degree 
of  correlation  is  quite  good  up  to  approximately  10  degrees  angle  of  attack.  Above 
this  angle  the  classical  deterioration  of  axisymmetric  inlet  pressure  recovery  does 
not  predict  this  trend  and  the  correlation  is  very  poor  in  this  region. 

The  correlation  obtained  at  Mach  2.  5  was  also  rather  poor.  An  external 
compression  inlet,  of  the  N  =  3  type,  can  theoretically  achieve  a  high  level  of  total 
pressure  recovery  at  Mach  numbers  up  to  Mach  2.  5.  However,  this  requires  an 
inlet  shock  structure  approaching  optimum  for  that  Mach  number,  an  impractical 
prerequisite  for  fixed  geometr  axisymmetric  inlets  designed  for  the  tactical  air¬ 
craft  mission.  The  trades  required  to  satisfy  both  the  supersonic  and  transonic  flight 
conditions  can  result  in  supersonic  performance  goals  far  below  that  theoretically 
achievable.  This  end  result  is  particularly  true  for  presently  envisioned  mission 
profiles  that  demand  a  heavier  weighting  of  the  transonic  requirements  because 
vehicle  range  is  far  more  sensitive  to  variations  of  inlet  performance  in  the  transonic 
regime.  The  inlet  geometry  that  evolves  from  these  trades  fixes  a  rather  low  super¬ 
sonic  total  pressure  recovery  target.  This  can  be  seen  by  inspecting  the  theoretical 
estimate,  in  Figure  7-223  showing  a  target  for  cruise  and/or  dash  angles  of  attack 
on  the  order  of  70  percent.  Rather  than  easing  the  inlet  development  problem,  low 
performance  goals  can,  in  fact,  increase  them  because  of  the  very  strong  shock 
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wave-boundary  layer  interaction  problem  that  must  be  solved.  The  data  generated 
at  Mach  2. 5  indicate  that  this  strong  interaction  has  induced  complete  separation  of 
the  inlet  flow  field  over  the  entire  angle  of  attack  range.  At  low  angles  the  total  pres¬ 
sure  recovery  is  essentially  equal  to  the  normal  shock  value,  the  trend  in  recovery 
as  a  function  of  angle  of  attack,  is  quite  untypical,  and  the  throttling  of  the  inlet 
produces  an  excursion  of  mass  flow  ratio,  at  each  angle  of  attack,  that  is  indicative 
of  a  near  choked  throat.  The  simplified  theory  employed  does  not  account  for  shock 
induced  separation,  and  consequently  made  a  poor  prediction  at  this  Mach  number. 
However,  an  examination  of  the  estimated  inviscid  static  pressure  gradient,  does 
invite  the  assignment  of  a  high  probability  for  occurrence  of  separation.  Therefore, 
when  theory  indicates  a  susceptibility  to  separation  an  acceptable  estimate  can  still 
be  made  by  initially  computing  the  performance  in  a  conventional  manner  and  then 
shifting  that  estimate  downward  until  the  low  angle  prediction  approximates  normal 
shock  recovery. 

7. 4  Inlet/Fuselage  Combined  (Data  Format  II) 

7. 4. 1  General 

The  Format  II  model  was  configured  to  obtain  inlet  performance  data  for  the 
two-dimensional  inlet,  when  Installed  at  that  forward  fuselage  station.  These  data 
were  obtained  with  the  inlet  integrated  with  four  of  the  seven  fuselage  configurations. 
The  use  of  only  four  fuselages  was  dictated  by  tunnel  occupancy  limitations.  The 
choice  of  which  four  fuselages  to  employ  was  based  upon  inlet/fuselage  compatibility 
plus  the  desire  to  employ  a  wide  range  of  fuselage  geometry.  As  a  result,  fuselages 
1,  2,  3,  and  4  were  employed  during  these  tests.  In  addition,  tests  were  conducted 
to  determine  the  effect  upon  inlet  performance  induced  by  nose  and  canopy  geometry. 
For  these  tests  the  two-dimensional  inlet/fuselage  3  configuration  was  employed. 

To  analyze  the  influence  of  the  vehicle  upon  inlet  performance  required  a 
multistep  approach.  Initially  the  experimental  characteristic  canes  (total  pressure 
recovery  versus  mass  flow  ratio)  for  the  integrated  inlet  were  plotted  with  the  mass 
flow  ratio  based  upon  free  stream  density  and  Mach  number  and  the  capture  area 
based  upon  vehicle  angle  of  attack.  This  is  the  characteristic  as  computedby  the 
data  reduction  program.  The  individual  characteristics  were  then  corrected  to 
account  for  the  variation  of  ideal  inlet  mass  flow  (maB)  caused  by  vehicle  induced 
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changes  to  the  flow  approaching  the  inlet.  This  was  done  by  examining  that  portion 
of  the  fuselage  flow  field  within  which  the  inlet  shadow  falls.  Deviations  from  free 
stream  of  local  total  pressure  and  Mach  number  wert  then  used  to  correct  the 
density  and  velocity  used  to  compute  the  ideal  inlet  mass  flow.  In  addition,  devia¬ 
tions  in  flow  angularity  are  used  to  correct  the  capture  area  used  in  that  computation. 
The  shift  in  characteristic  cane  location,  resulting  from  this  computation  is  a  mea¬ 
sure  of  the  quantitative  vehicle  influence  upon  the  inlet  performance.  Being  free 
of  the  quantitative  vehicle  induced  effects,  the  corrected  inlet  characteristics  can  be 
compared  with  the  corresponding  inlet  alone  characteristic  to  obtain  the  qualitative 
effects  of  the  inlet/ vehicle  integration  process  upon  inlet  performance. 

Presented  in  subsequent  sections  is  a  discussion  of  the  causal  relationships 
observed  during  the  examination  of  these  data. 

7. 4. 2  Nose  and  Canopy  Effects 

Analysis  of  the  fuselage  flow  field  data  (Format  T)  showed  that  the  flow  field 
composition  and  the  nose  and  canopy  geometry  are  relate1'  Assuming  that  the  inlet 
performance  is  sensitive  to  some  degree  to  the  local  environment,  one  might  reason¬ 
ably  anticipate  the  display  of  a  geometry  dependent  influence  in  the  form  of  a  varying 
inlet  characteristic  and/or  level  of  inlet  performance.  However,  the  two-dimensional 
inlet  proved  quite  insensitive  to  geometry  variation,  when  tested  in  conjunction  with 
fuselage  3  and  the  four  (4)  nose/canopy  combinations.  The  slight  variation  in  inlet 
performance,  induced  by  geometry  variation,  precluded  a  definitive  assessment  of 
nose/eanopy  effects.  To  illustrate  the  basis  for  this  conclusion  Figures  7-224  through 
7-230  are  presented.  Each  of  these  figures  depict  for  a  given  Mach  number  and  angle 
of  attack,  the  classical  inlet  characteristic  of  total  pressure  recovery  versus  mass 
flow  ratio  for  the  two  dimensional  inlet/fuselage  3  configuration  as  a  function  of  nose 
and  canopy  geometry.  Examination  of  this  data  sample,  covering  a  wide  range  of 
Mach  numbers  and  angles  of  attack,  reveals  the  insensitivity  of  inlet  performance 
to  nose/canopy  geometry.  The  close  grouping  of  the  performance  characteristics, 
seen  in  these  figures,  is  typical,  in  general,  for  all  conditions  explored. 

This  conclusion  is,  of  course,  restricted  to  the  particular  configuration 
arrangement  Investigated.  It  has  been  seen  that  the  attendant  flow  field  is  influenced 
by  the  geometry,  consequently,  components  with  different  geometric  characteristics 
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and/or  a  different  arrangement,  relative  to  each  other,  may  produce  inlet  perform¬ 
ance  variations.  This  postulation  is,  in  fact,  most  probable  when  consideration  is 
given  to  the  inlet  concept  employed  during  the  program.  The  inlet,  a  fixed  geometry 
system,  could  not  be  optimized,  in  terms  of  total  pressure  recovery,  across  the 
entire  Mach  number  range.  Rather,  the  finalized  design  represented  a  compromise 
to  achieve  a  reasonable  total  pressure  recovery  while  satisfying  a  representative  mass 
flow  schedule.  Therefore,  although  the  inlet  is  operating  at  acceptable  performance 
levels  it  is  less  sensitive,  to  the  local  environment,  than  a  system  operating  at  high 
performance  levels.  Consequently,  it  does  not  react  as  dramatically  to  the  incentives, 
either  positive  or  negative,  offered  by  subtle  variations  in  the  flow  field,  in  short, 
the  high  performance,  finely  tuned  system  stands  to  lose  more  as  the  result  of  an 
environmental  variation  than  does  a  system  of  moderate  performance.  Additionally, 
the  small  model  scale  probably  tends  to  cloud  further  the  impact  of  flow  field  varia¬ 
tion  upon  inlet  performance. 

In  spite  of  these  factors  a  hard  look  at  the  data  does  reveal  the  presence  of 
weak  geometry  dependent  effects  at  the  two  (2)  highest  test  Mach  numbers  of  2.  2  and 
2.  5.  At  low  angles  of  attack,  the  additional  flow  precompression  induced  by  the 
blunter  secondary  nose  (SN)  and/or  larger  secondary  canopy  (SC)  tend  to  improve 
Inlet  performance.  With  Increasing  angle  of  attack,  the  external  compression  of  the 
inlet  Increases  due  to  the  horizontal  orientation  of  the  ramps,  and  the  beneficial  pre- 
compression  generated  by  the  secondary  nose/canopy  enjoyed  at  low  angle  of  attack 
becomes  less  Important  than  the  induced  drag  of  these  components  and  the  resultant 
reduction  in  flow  field  stagnation  pressure  they  induce.  Consequently,  the  more 
slender  primary  nose  and/or  the  smaller  primary  canopy  prove  more  beneficial  at 
these  angles  of  attack. 

Although  the  ramifications  of  nose  and  canopy  geometry  upon  inlet  perform¬ 
ance  did  not  emerge  clearly  as  a  result  of  the  tests  conducted,  sufficient  evidence 
was  uncovered  to  indicate  that  these  components  can  be  gainfully  integrated  into  the 
inlet  design  process. 
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7. 4. 3  Fuselage  Effects 
7. 4.  3. 1  Mach  Number  0.  8 

The  inlet  performance  for  the  negative  angle  of  attack  condition  is  presenteu 
in  Figure  7-231.  The  open  symbols  denote  performance  of  the  two-dimensional  inlet 
integrated  with  fuselages  1  through  4,  as  a  function  of  vehicle  angle  of  attack  and  free 
stream  Mach  number.  Also  shown  in  closed  symbols,  are  mass  flow  ratio  shifts 
when  the  actual  local  flow  properties  are  accounted  for.  In  addition,  the  inlet  alone 
(Format  V)  and  the  analytically  predicted  performance  are  shown.  The  data  indicate 
an  insensitivity  to  vehicle  geometry  with  all  curves  grouped  closely  together.  The 
variation  from  curve  to  curve  is  within  the  experimental  measurement  accuracy. 

This  stems  from  the  fact  that  the  inlet  throat  provides  an  essentially  choked  control 
of  the  inlet  mass  flow  and  is  therefore  insensitive  to  variations  in  the  approaching 
flow.  The  high  level  of  experimental  total  pressure  recovery  achieved  at  the  critical 
operating  point,  relative  to  the  analytical  estimate,  can  be  traced  to  a  conservative 
prediction  of  the  subsonic  diffuser  losses.  At  (Tangle  of  attack  the  inlet  alone  and  the 
Integrated  inlet  performance  are  quite  close  as  shown  in  Figure  7-232. 

The  inlet  performance  for  five  (5)  degrees  angle  of  attack,  shown  in  Figure 
7-233  fall  in  a  tight  band,  close  to  the  inlet  alone  performance,  as  expected.  The  lone  ' 
exception  being  the  fuselage  2/2D  inlet  configuration  which  displays  a  representative 
critical  total  pressure  i.ccovery  but  a  low  mass  flow  ratio.  The  data  does  net  offer 
an  apparent  reason  for  this  deviation,  it  may  be  an  experimental  inaccuracy  or  a  data 
reduction  error. 

The  inlet  performance  curves  for  the  high  angles  of  attack  are  presented  in 
Figures  7-234  through  7-237.  It  can  be  seen  that  the  total  pressure  recovery  is  in¬ 
dependent  of  angle  of  attack,  an  anticipated  result.  The  mass  flow  ratios  are  similar 
and  approximate  the  inlet  alone  quite  well.  The  lone  exception  is  the  fuselage  2  con¬ 
figuration  which  continues  to  operate  at  low  mass  flow  ratios,  as  previously  mentioned. 
The  cause  of  this  effect  can  be  seen  in  an  examination  of  the  engine  face  profiles  for 
this  configuration.  At  these  angles  of  attack  the  profile  for  supercritical  operation, 
shown  in  Figures  7-238  through  7-240  is  basically  tip -radial  with  a  high  pressure 
central  core  and  a  low  pressure  region  near  the  duct  wail.  However,  the  low  pres¬ 
sure  region  is,  particularly  on  the  lower  and  inboard  side,  quite  pronounced  indicating 
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a  potential  incompatibility  between  the  inboard  inlet  sidewall  and  the  fusleage.  At 
this  near  sonic  Mach  number  the  flow  diverter  channel  formed  between  these  two 
surfaces  may  be  choked,  thereby  disturbing  the  flow  entering  the  inlet.  This  dis¬ 
turbance  could  reduce  the  effective  inlet  throat  area  and  consequently  the  mass  flow. 
This  argument  is  supported  by  an  examination  of  the  supercritical  profile  for  the 
fuselage  1/inlet  combination  shown  in  Figures  7-241  through  7-243  in  which  the 
extensive  inboard  low  pressure  region  is  not  present. 

7.  4. 3. 2  Mach  Number  1.  2 

The  inlet  performance  for  negative  angle  of  attack  is  presented  in  Figure 
7  -244.  The  characteristic  for  each  of  the  4  inlet/fuselage  combinations  and  the  inlet 
alone  configuration  are  essentially  superimposed  upon  one  another.  In  addition, 
correcting  for  the  effects  of  local  flow  angularity  and  Mach  number,  shown  by  the 
solid  symbols,  produces  no  shift  in  the  characteristics.  This  indicates  that  the  inlet 
throat  is  essentially  sonic  thereby  controlling  the  mass  flow.  In  addition,  the  hori¬ 
zontally  oriented  external  compression  ramps  damp  out  any  potential  misalignment 
between  the  inlet  surface  and  the  approaching  flow.  These  factors  make  the  inlet 
insensitive  to  fuselage  induced  effects.  This  inlet  operating  mode  continues  through¬ 
out  the  entire  angle  of  attack  excursion,  as  shown  in  Figures  7-245  through  7-249, 
where  the  corrected  characteristics  are  grouped  within  the  experimental  accuracy. 
Figure  7-250  presents  the  results  achieved  at  an  angle  of  attack  of  25°.  For  this  case 
flow  field  maps  were  not  obtained  and  consequentely  corrections  for  local  deviations 
in  flow  angularity  and  Mach  number  could  not  be  made.  However,  even  these  un¬ 
corrected  characteristics  are  very  closely  grouped. 

7.  4.  3.  3  Mach  Number  1.  8 

The  inlet  performance  at  negative  angle  of  attack  is  shown  in  Figures  7-251. 
During  these  tests  data  for  fuselage  2  were  not  taken.  In  addition,  the  data  for  fuse¬ 
lages  3  and  4  were  taken  with  the  inlet  operating  subcritically.  A  complete  character¬ 
istic  cane  was  obtained  for  the  fuselage  1  configuration.  The  effect  of  the  downwash 
flow  field  is  evident  from  a  comparison  with  the  inlet  alone  configuration.  The  in¬ 
creased  supercritical  mass  flow  ratio,  shown  by  the  closed  symbol,  is  due  to  the 
downwash  flow  field  moving  the  integrated  inlet  closer  to  shock  on  lip  operation. 
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Figure  7-251.  Comparison  of  Inlet  Performance 
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The  characteristic  of  the  integrated  system  also  has  a  steeper  supercritical  leg  due 
to  the  weakened  external  compression  system.  Finally,  the  total  pressure  recovery 
for  the  integrated  system  is  somewhat  lower  than  that  achieved  for  the  inlet  alone, 
due  to  the  weakened  external  compression  and  the  resultant  development  of  a  stronger 
terminal  shock.  With  the  flow  field  characteristics  available  these  effects  can  be 
predicted  analytically.  The  close  agreement  between  the  integrated  inlet  and  the  inlet 
alone  indicates  that  the  fuselage,  in  this  case,  does  not  introduce  any  unusual  effects. 

The  inlet  performance  at  0°  and  +5°  angle  of  attack  is  presented  in  Figures 
7-252  and  7-253.  The  integrated  configurations,  the  inlet  alone  and  the  theoretical 
estimates  are  very  closely  grouped. 

The  inlet  performance  for  +10°  angle  of  attack  is  presented  in  Figure  7-254. 
The  integrated  inlet  characteristics  are  very  closely  grouped  indicating  a  continued 
independence  of  fuselage  geometry.  The  inlet  alone  characteristic  was  not  fully 
developed  but  the  supercritical  leg  is  quite  close  to  those  of  the  integrated  systems. 
The  trend  toward  higher  mass  flow  ratio  for  those  configurations  of  larger  fuselage 
corner  radius  becomes  clearer  at  this  point.  There  appears  to  be  a  large  discrepancy 
between  the  peak  total  pressure  recov  ery  achieved  experimentally  and  that  estimated 
analytically.  This  is  due  to  the  conservatism  of  the  analytical  approach  as  the 
detached  external  shock  condition  is  approached.  Upon  reaching  the  detached  shock 
condition  the  analytical  approach  computes  the  loss  associated  with  a  normal  shock. 

In  fact,  the  loss,  particularly  close  to  detachment,  would  be  more  closely  approxi¬ 
mated  by  computing  the  loss  associated  with  that  strong  shock  wave  producing  a 
downstream  Mach  number  approaching  sonic.  With  increasing  angle  of  attack,  and 
increasing  detached  shock  strength,  an  Interpolation  can  be  performed  between  the 
sonic  wedge/cone  solution  and  the  normal  shock  solution  until  at  very  high  angle  of 
attack  the  normal  shock  solution  can  be  used.  For  these  external  compression  sys¬ 
tems  it  may  be  necessary  to  superimpose  a  secondary  effect,  namely,  that  associated 
with  shock  curvature,  that  may  improve  the  overa’l  total  pressure  recovery  by  virtue 
of  the  fact  that  successive  streamlines  intercepted  by  the  inlet  pass  through  a  decay¬ 
ing  wave,  as  a  function  of  the  distance  from  the  origin  of  the  wave.  Consequently, 
those  streamlines  entering  near  the  cowl  can  be  expected  to  have  a  somewhat  higher 
total  pressure  recovery.  These  effects  can  be  seen  in  the  inlet  performance  curves 
for  angLs  of  attack  of  +15%  +20°,  and  +25°,  presented  in  Figures  7-255  through  7-257. 
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Figure  7-256.  Comparison  of  Inlet  Performance 
M^,  =  1.8,  Of  =  20° 
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At  +10°  angle  of  attack  a  sonic  wedge  solution  would  move  the  theoretical  estimate 
quite  close  to  the  experimentally  obtained  levels.  With  increasing  angle  of  attack  the 
experimental  total  pressure  recovery  converges  on  the  normal  shock  analytical 
solution,  until  at  +25°  only  a  small  difference  remains.  This  final  difference  may  be 
attributed  to  the  unaccounted  for  shock  curvature.  In  examining  these  figures  the 
effect  of  angle  of  attack  upon  the  influence  of  fuselage  geometry  becomes  increasingly 
evident.  The  more  uniform  flow  fields  and  the  lower  average  upwash  produced  by 
those  fuselages  with  larger  corner  radii  results  in  both  higher  total  pressure  recovery 
and  mass  flow  ratio  for  these  configurations. 

7.  4.  3. 4  Mach  Number  2.  2 

Although  the  flow  field  characteristics  are  qualitatively  similar  to  those 
obtained  at  previously  discussed  Mach  numbers  the  impact  of  these  flow  fields  upon 
inlet  performance  becomes  significant  at  Mach  =  2.  2.  A  review  of  the  inlet,  perform¬ 
ance  at  Mach  =  2.  2,  for  all  angles  of  attack,  indicates  three  factors  of  prime  import¬ 
ance  namely, 

•  The  increase  in  inlet  terminal  shock  strength  caused  by 
the  local  fuselage  flow  field 

•  The  effect  of  the  strengthened  shock  upon  the  inlet  surface 
boundary  layer 

•  The  misalignment  of  the  locally  approaching  flow  and  the 
inlet  surface. 

These  effects  could  not  be  evident  at  lower  Mach  numbers  sin  ply  because 
the  terminal  shock  strength,  for  those  conditions  tested,  was  always  relatively  weak. 
At  Mach  0.  8  and  1. 2  the  inlet  throat  was  essentially  choked.  At  Mach  1.  8  the  design 
terminal  shock  strength,  for  the  N  =  3  system  employed,  was  again  quite  weak  and 
consequently,  variations  in  approaching  Mach  number  varied  the  strength  very  slight¬ 
ly.  At  Mach  2.  2,  however,  the  terminal  shock  is  relatively  strong,  by  design.  This 
emerges  from  the  requirements  to  achieve  a  balanced  shock  structure  and  to  satis¬ 
fy  transonic  mass  flow.  As  a  result,  variations  in  terminal  shock  strength,  due 
to  small  variations  in  approaching  Mach  number  can,  and  do  have  a  significant 
effect  upon  the  inlet  performance  characteristics.  These  effects  are,  of  course, 
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most  pronounced  at  negative  angle  of  attack  where  the  vehicle  induced  downwash 
weakens  the  inlet's  oblique  external  shock  structure  and  consequently  causes  the 
transition  from  supersonic  to  subsonic  Mach  number  to  occur  across  a  stronger 
terminal  shock.  The  influence  of  the  vehicle  flow  field  upon  inlet  performance  can 
be  seen,  for  this  case,  in  Figure  7-258.  The  inlet  alone  configuration  performs  very 
well,  with  a  steep  supercritical  leg  and  a  critical  total  pressure  recovery  and  mass 
flow  ratio  close  to  that  predicted  theoretically.  Integration  of  the  inlet  with  any  of 
the  fuselages  causes  a  dramatic  degradation  in  performance.  A  trend  is  evident 
showing  the  total  pressure  recovery  and  characteristic  cane  shape  becoming  poorer 
as  fuselage  corner  radius  is  increased.  These  results  appear  consistent  with  the 
flow  field  data  indicating  that  the  large  corner  radius  configurations  induced  the 
most  negative  downwash.  Malang  the  assumption  that  the  effects  of  inlet-airframe 
integration  make  themselves  evident  at  the  engine  face  and  that  the  spatial  location 
at  the  engine  face  can  be  traced  to  a  corresponding  location  at  the  inlet  face  the 
factors  contributing  to  degraded  performance  can  be  seen  in  an  examination  of  the 
engine  face  data.  For  supercritical  operation  the  inlet  alone  profile  has  a  high 
total  pressure  central  core  and  a  thin  low  pressure  region  around  the  periphery 
of  the  duct.  As  opposed  to  this  the  integrated  configurations  all  possess  relatively 
large  low  pressure  regions  along  the  inboard  and  lower  section  of  the  duct.  This 
indicates  that  the  fuselage  boundary  layer  is  Bwept  downward  around  the  fuselage 
and  into  the  inlet.  For  the  inlet  alone  the  small  low  pressure  region  permits  a 
steep  climb  to  critical  operation  and  a  resultant  low  distortion  total  pressure  pro¬ 
file.  The  upstream  communication,  particularly  through  the  large  low  pressure 
regions,  causes  the  integrated  systems  to  spill  mass  flow  as  soon  as  the  inlet  >s 
throttled.  The  low  pressure  regions  also  reduce  the  aerodynamic  expansion  ratio 
of  the  duct  and  consequently  critical  operation  is  achieved  with  a  very  shallow  super¬ 
critical  leg. 

With  angle  of  attack  increased  to  zero  the  external  shock  system  is  ctronger 
and  the  terminal  shock  weaker.  The  inlet  performance ,  Figure  7-259,  responds 
with  improved  performance  and  a  characteristic  cane  shape  approximating  that 
developed  by  the  inlet  alone.  The  downwash  flow  fields  still  result  in  lowered 
performance  for  the  integrated  systems.  The  performance  level  is  still  a  function 
of  comer  geometry  with  the  large  fuselage  corners  inducing  the  most  negative  down- 
wash  and  a  lower  resultant  total  pressure  recovery. 
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Figure  7-259.  Comparipon  of  Inlet  Performance 
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With  angle  of  attack  increased  to  +5°  the  fuselage  nose  is  generating  a  nearly 
symmetrical  flow  field.  The  fuselage  flow  fields  at  the  inlet  station  are  very  uniform 
and  similar.  The  result  can  be  seen  in  Figure  7-260  where  tne  characteristics  are 
very  closely  grouped  together.  The  integrated  systems  also  match  the  inlet-alone 
very  closely,  indicating  a  minimal  vehicle  effect. 

At  +10°  angle  of  attack  the  fuselage  nose  still  generates  a  nearly  symmetrical 
flow  field.  The  integrated  i  .let  characteristics.  Figure  7-261,  are  spread  out  more 
than  was  the  case  at  +5°,  however,  the  /  probably  still  lie  within  a  band  that  is  smaller 
than  the  potential  deviation  due  to  experimental  accuracy  In  the  analysis  of  the  inlet 
alone  performance  (Format  V)  it  was  seen  that  the  peak  experimental  recovery  matched 
the  theoretical  prediction  but  the  slope  of  the  supercritical  leg  of  the  inlet  characteris¬ 
tic  indicated  the  need  for  inlet  development  work.  The  integrated  inlets  possess  the 
same  characteristic  cane  shape  thereby  indicating  a  minimal  fuselage  effect.  A  very 
weak  effect  of  fuselage  corner  can  be  seen  in  that  large  comer  radii  tend  to  produce 
slightly  higher  inlet  peak  total  pressure  recovery  and  a  steeper  supercritical  leg. 

The  close  match  of  integrated  inlet  performance  with  both  theory  and  the  inlet  alone 
permits  the  assumption  that  the  fuselage  boundary  layer  is  swept  up  around  the  fuse¬ 
lage  and  away  from  the  inlet.  Additionally,  the  smaller  favorable  pressure  gradient, 
imposed  peripherally  on  the  fuselage  boundary  layer  by  the  gentle  curvature  of  the 
larger  comer  radii  probably  results  in  a  larger  boundary  layer  displacement  thick¬ 
ness  along  the  side  of  the  fuselage,  for  these  configurations.  Support  for  this  last 
conclusion  can  be  seen  from  an  examination  of  the  fuselage  static  pressures  in  the 
region  of  the  inlet.  The  fuselage  static  pressures,  for  large  corner  radius  config¬ 
urations,  are  affected  more  strongly  by  inlet  throttling  than  are  the  pressures  lor 
small  fuselage  corner  radii.  This  indicates  a  communication,  through  what  must 
bo  a  thicker  viscous  layer.  Beyond  this  i  slightly  more  pronounced  low  pressure 
region  resides  on  the  inboard  side  of  the  postulated  engine  face  for  the  large  corner 
radius  configurations,  even  though  the  overall  total  pressure  recovery  is  slightly 
higher. 

The  influence  "•  *  el  age  geometry  upon  ach  evable  critical  inlet  total  pressure 

recovery  and  mass  flow  ratio,  that  appeared  weakly  at  +10®  angle  of  attack  becomes 
progressively  more  pronounced  as  angle  of  attack  is  increased  to  +15°,  +20®,  and 
*25°.  The  performance  comparisons  for  these  respective  test  conditions  are 
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presented  in  Figures  7-262  through  7-264.  The  performance  levels  diverge,  with  in-  | 

creasing  angle  of  attack,  as  a  function  of  corner  radius  and  corner  development 
(rapid  or  gentle).  The  large  corner  configurations  operate  at  significantly  higher 
levels  of  total  pressure  recovery  and  mass  flow  ratio.  This  can  be  attributed  to  the 
tendency  of  these  fuselages  to  induce  flow  fields  that  are  generally  more  uniform.  | 

In  addition,  these  configurations  inhibit  flow  field  upwash  and  consequently  have  1 

lower  angularity  stream  lines  approaching  the  inlet.  This  effect  tends  to  preclude  I 

local  separations  due  to  a  misalignment  of  approaching  flow  and  inlet  surface.  Un¬ 
fortunately,  some  difficulty  was  experienced  during  the  inlet  alone  tests  which  pre¬ 
vented  the  development  of  complete  inlet  characteristic  canes,  a  comparison  is 
therefore  not  possible.  There  also  appears  to  be  a  large  discrepancy  between  ex¬ 
perimental  and  theoretical  total  pressure  recovery  levels,  as  previously  discussed 
this  is  due  to  the  conservative  approach  employed  in  the  analytical  computation 
when  shock  detachment  is  approached. 

7. 4.  f .  5  Mach  Number  2.  5 

The  qualitative  impact  of  fuselage  geometry  upon  inlet  performance  is  essen¬ 
tially  the  same  as  discussed  at  Mach  2. 2.  It  is  reasonable  to  expect  the  quantitative 
effects  to  be  greater  at  this  higher  Mach  number.  Unfortunately,  this  is  not  apparent 
in  the  curves  comparing  performance,  which  are  presented  in  Figures  7-265  through 
7-270.  The  major  reason  that  vehicle  induced  effects  do  not  have  the  degree  of  im;  act 
that  might  be  expected  is  due  to  the  inlet  itself  having  a  relatively  low  level  of  potential 
performance  at  this  Mach  number.  Consequently  vehicle  effects  become  second  order. 

For  example,  at  an  angle  of  attack  of  -3°  the  integrated  inlet  characteristics  are  all 

closely  grouped  together  with  little  apparent  variation  due  to  the  fuselage.  It  should 

be  noted  that  the  peak  total  pressure  recovery  approximates  nonnal  shock  recovery 

for  a  free  stream  Mach  number  of  2.  5,  therefore  any  variations  in  the  approaching 

stream  can  have  virtually  no  effect  on  total  pressure  recovery.  It  is  apparent  that 

the  integrated  systems  cannot  handle  the  same  mass  flow  ratio  as  the  inlet  alone  and  j 

further  that  their  supercritical  legs  have  a  lower  slope.  In  addition,  the  achievable 

mass  flow  ratio  is  seen  to  decrease  with  increasing  fuselage  corner  radius.  This  is 

consistent  with  the  results  achieved  at  lower  Mach  numbers  where  the  negative  angle  \ 

of  attack  introduced  more  boundary  layer  to  the  inlet,  reducing  its  mass  flow  capacity, 
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and  further  that  this  effect  was  more  pronounced  with  larger  corner  radii.  This 
general  condition  is  also  present  at  an  angle  of  attack  of  0°.  However,  a  new  effect 
is  c  vident  at  this  angle  of  attack  that  was  not  present  at  lower  Mach  numbers  namely, 
the  small  corner  fuselages  possess  poorer  total  pressure  recovery  characteristics. . 
The  fuselage  3  configuration,  in  particular,  has  not  benefited  from  the  increase  in 
angle  of  attack.  At  an  angle  of  attack  of  +5°  the  performai.ce  is  closely  grouped  and 
sufficiently  higher  than  normal  shock  recovery  to  indicate  that  the  similar  flow  fields 
produce  similar  inlet  performance.  This  was  also  seen  at  lower  Mach  numbers. 

With  the  angle  ef  attack  increased  to  +10°  the  smallest  corner  radius  results  in  clearly 
the  highest  performance  level.  This  result  is  not  consistent  with  the  results  obtained 
at  lower  Mach  numbers  where  the  small  corner  radius  configurations  were  competi¬ 
tive,  at  best.  This  configuration  matches  both  the  theory  and  inlet  alone  quite  closely. 
Based  upon  this  close  match  and  the  fact  that  a  large  peripheral  pressure  gradient  is 
associated  with  fuselage  3  we  can  postulate  that  the  fuselage  be  undary  layer  was 
swept  clean,  thereby  permitting  the  inlet  to  operate  in  a  cleaner  environment.  It  is 
not  possible  to  define  what  effect  the  removal  of  fuselage  boundary  layer  would  have' 
upon  the  performance  of  the  larger  fuselage  corner  configurations,  however,  an  ex¬ 
amination  of  the  performance  at  +15°  and  +18°  may  given  an  indication.  At  these 
angles  of  attack  the  larger  fuselage  corner  radius  clearly  contributes  to  better  inlet 
performance.  This  trend  is  similar  to  that  seen  at  Mach  2.  2  and  high  angle  of  attack. 

7.  5  Inlet /Fuselage  Combined  (Data  Format  III) 

7.  5. 1  General 

The  Format  III  model  was  configured  to  obtain  inlet  performance  data  for 
both  the  two-dimensional  and  axisymmetric  inlets,  when  installed  at  the  aft  fuselage 
station.  Tunnel  occupancy  time  prevented  the  testing  of  a  complete  matrix  of  inlet 
and  fuselage.  Those  inlet/fuselage  combinations  tested  were  chosen  on  the  basis  of 
physical  compatibility  and  the  desire  to  employ  a  wide  range  of  fuselage  geometry. 

Total  pressure  recovery  can  be  used  directly  to  compare  the  performance 
level  of  the  axisymmetric  inlet  with  that  of  the  two-dimensional  inlet.  However,  the 
under  wing  installation  precludes  a  direct  comparison  of  the  mass  flow  ratio  character¬ 
istics  of  these  two  inlet  concepts.  The  radius  of  the  quarter  segment  axisymmetric 
inlet  is  larger  than  the  width  of  the  two-dimensional  inlet.  Therefore,  it  falls  in  the 
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shadow  of  a  larger  portion  of  the  wing  span  and  experiences  a  more  rapid  increase  in 
ideal  capture  area  with  increasing  angle  of  attack.  Consequently,  the  axisymmetric 
inlet  always  operates  at  a  lower  mass  flow  ratio  when  the  angle  of  attack  is  positive 
and  a  higher  mass  flow  ratio  when  the  angle  of  attack  is  negative.  A  secondary  effect 
tending  to  compound  this  difference  is  the  relation  of  the  wing  shock  to  the  cowl  surface. 

In  the  case  of  the  two-dimensional  inlet  both  the  cowl  surface  and  wing  shock  are  two- 
dimensional  and  as  a  result  the  cowl  can  efficiently  intercept  the  wing  shock  layer  up 
to  a  point  approaching  wing  shock  on  cowl  lip,  as  opposed  to  the  axisymmetric  inlet 
case  where  the  circular  arc  cross-section  of  the  cowl  surface  precludes  anything  but 
a  local  wing  shock  intercept.  For  this  reason,  also,  the  axisymmetric  inlet  has  a 
lower  mass  flow  ratio.  These  effects  are  shown  schematically  in  Figure  7-271.  The 
variation  in  capture  area,  as  a  function  of  angle  of  attack,  is  presented  in  Figure  7- 
272  for  both  inlet  concepts. 

An  examination  of  the  data  reveals  that  the  large  variation  in  sidewash  occurs 
with  all  fuselage  configurations  and  that  the  quantitative  levels  are  similar.  Based 
upon  this  fact  we  can  expect  each  inlet  concept  (axisymmetric  and  two-dimensional) 
to  generate  an  installed  characteristic  cane  that  does  not  vary  significantly  with  fuse¬ 
lage  corner  geometry.  Therefore,  the  anticipated  evaluation  of  the  aerodynamic  com¬ 
patibility  of  a  particular  inlet  concept,  with  various  fuselage  configurations,  does  not 
constitute  a  major  part  of  the  Format  III  analyses.  On  the  other  hand  a  comparison  of 
the  uninstalled  inlet  performance  with  that  obtained,  generally,  with  the  inlet  installed 
shows  the  impact  of  the  flow  field  upon  the  performance  of  a  particular  inlet  concept, 
and  results  in  a  measure  of  that  concepts'  desirability,  with  regard  to  placement  along¬ 
side  the  fuselage,  under  the  wing.  The  geometric  compatibility  of  inlet  and  fuselage, 
specifically  the  effects  induced  by  the  diverter  channel  shape  formed  between  the  fuse¬ 
lage  and  the  inlet  inboard  sidewall,  does  in  some  Instances  produce  a  geometry  dependent 
shift  in  the  inlet  characteristic  that  is  a  function  of  the  fuselage  configuration.  However, 
while  evident,  these  effects  tend  to  be  small. 

7. 5. 2  Fuselage  Effects 
7.  5. 2. 1  Mach  Number  0. 8 

The  sidewash  varies  from  essentially  0°  to  approximately  -8°  with  the  flow 
fields  of  all  fuselages  appearing  quite  similar  in  structure.  Therefore,  with  the  flow 
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Figure  7-272.  Inlet  Capture  Area,  Format  Hi 
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field  approaching  the  inlet  generally  similar  for  all  fuselages  and  having  previously 
determined  that  the  nearly  sonic  inlet  throat  controls  the  diffusion  process,  at  this 
free  stream  Mach  number,  the  resultant  inlet  performance  becomes  independent  of 
the  integration  process.  The  characteristic  canes  generated  by  the  axisymmetric 
inlet,  presented  on  Figures  7-273  through  7-279  for  the  entire  angle  of  attack  range, 
are  essentially  superimposed  for  all  three  fuselage  configurations  tested.  The  inlet 
appears  to  have  benefited  slightly  from  the  under  wing  installation  in  that  the  general 
level  of  critical  total  pressure  recovery  attained  is  somewhat  higher  than  that  level 
attained  by  the  inlet  alone.  This  comparison  is  presented  in  Figure  7-280.  It  must 
be  noted,  however,  that  during  the  inlet  alone  tests,  conducted  early  in  the  test  pro¬ 
gram,  peak  recovery  may  not  have  been  achieved.  The  results  achieved  with  the  two- 
dimensional  inlet  are  essentially  the  same,  with  all  inlet  characteristic  canes  very 
closely  grouped  together,  across  the  entire  angle  of  attack  range.  These  curves  are 
presented  in  Figures  7-281  through  7-287,  For  this  inlet  concept,  however,  a  fuselage 
oriented  effect  is  evident  in  that  the  performance  characteristic  achieved  with  the  inlet/ 
fuselage  1  combination  is  consistently  superior  to  that  achieved  witheither  the  fuselage 
3  or  4  combinations.  Except  for  the  maximum  angle  of  attack,  the  critical  total  pres¬ 
sure  recovery  level  is  essentially  the  same  for  all  three  inlet/fuselage  combinations, 
however,  the  inlet/fuselage  1  combination  has  a  steeper  super-critical  characteristic 
leg  and  operates  at  a  slightly  higher  mass  flow  ratio.  This  effect  can  probably  be 
traced  to  ihe  physical  compatibility  of  the  inlet  with  the  fuselage.  Presented  in  Figure 
7-288  is  a  section  showing  the  two-dimensional  inlet  Integrated  with  each  of  the  three 
fuselages  employed  during  Format  III.  For  the  Inlet/fuselage  1  configuration  the 
vertical  tangency  point  of  the  fuselage  corner  is  located  at  the  same  waterline  as  the 
lower  Inboard  corner  of  the  inlet.  The  corner  itself  is  small  and  has  a  gradual  develop¬ 
ment,  resulting  in  a  low  diverter  capture  area  with  a  relatively  gentle  gradient  around 
the  corner.  Consequently,  there  is  little  tendency  for  tee  diverter  channel  to  choke 
and  the  inboard  inlet  sidewall  and  cowl  surfaces  cleanly  intercept  the  locally  approach¬ 
ing  streamlines.  For  the  inlet/fuselage  3  configuration  the  fuselage  vertical  tangency 
point  is  located  at  a  lower  waterline  than  the  lower  inboard  corner  of  the  inlet.  This, 
combined  with  the  smaller  corner  radius  yields  a  smaller  diverter  channel  capture  ar*sa 
and  a  reduced  probability  of  choking.  However,  the  inlet  location,  relative  to  the 
corner,  places  it  in  the  path  of  the  abrupt  peripheral  gradient  Induced  by  this  rapidly 
developed  corner.  The  consequence  is  a  misalignment  of  the  inboard  inlet  sidewall 
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Figure  7-276.  Comparison  of  Inlet  Performance,  Axisymmetric  Inlet 
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Figure  7-277.  Comparison  of  Inlet  Performance,  Axisymmetric  Inlet, 
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Figure  7-279.  Comparison  of  Inlet  Performance,  Axisymmetric  Inlet 
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Figure  7-281.  Comparison  of  Inlet  Performance,  Two-Dimensujial  Inlet 
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Figure  7-285.  Comparison  of  Inlet  Performance,  Two  Dimensional  Inlet 
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Figure  7-286.  Comparison  of  Inlet  Performance,  Two-Dimensional  Inlet, 
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Figure  7-287.  Comparison  of  Inlet  Performance,  Two  Dimensional  Inlet 
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and  cowl  surface  with  the  locally  approaching  flow,  resulting  in  a  reduction  in  effective 
inlet  throat  area  and  lowered  supercritical  mass  flow  ratio.  Inlet  throttling  tends  to 
compound  the  effect,  by  feeding  back  through  the  subsonic  stream,  and  a  slightly  in¬ 
clined  supercritical  leg,  of  the  characteristic  cane,  results.  For  the  inlet/fusr  *  je 
4  configuration  the  effect  is  different.  The  fuselage  vertical  tangency  point  is  a  higher 
waterline  than  the  lower  inboard  corner  of  the  inlet.  This,  combined  with  the  large 
gradually  developed  corner,  places  the  inlet  in  a  gentle  peripheral  gradient  that  pre¬ 
cludes  local  surface/streamline  misalignment.  However,  the  large  corner  results  in 
a  diverter  capture  area  large  enough  to  cause  choking  and  spillage  into  the  main  inlet 
stream.  This,  as  in  the  case  of  fuselage  3,  reduces  the  effective  throat  area  and 
lowers  the  mass  flow  ratio.  The  impact  of  these  effects  increases  with  angle  of 
attack,  due  to  the  increasing  peripheral  gradient,  until  at  the  extreme  case  (a  =  +25°) 
the  reduced  total  pressure  *  -overy  and  mass  flow  indicate  the  onset  of  a  local  separa¬ 
tion  for  the  fuselage  3  configuration,  probably  as  the  result  of  the  extremely  high  flow 
angularity  induced  by  the  small  rapidly  developed  corner.  In  general,  the  performance 
level  achieved  by  the  integrated  systems  approxi  mated  both  th  at  predicted  by  theory  and 
that  attained  by  the  uninstalled  inlet  (Format  V)  indicating  no  strong  integration  effects 
at  this  Mach  number.  This  comparison  is  presented  in  Figure  7-289. 

In  view  of  the  fact  that  the  height  of  the  two-dimensional  inlet  is  approxi¬ 
mately  equal  to  the  radius  of  the  axisymmetric  inlet,  a  question  may  be  posed  as  to 
the  reason  that  effects  attributable  to  physical  or  geometric  compatibility  did  not 
make  themselves  apparent  in  the  axisymmetric  inlet  data.  Figure  7-290  presents  a 
section  of  the  axisymmetric  inlet,  integrated  with  each  of  the  three  fuselage  ^  employed 
in  Format  III.  It  can  be  seen  that,  although  the  inlet  position,  relative  to  the  fuselage 
corner,  is  essentially  the  same  as  that  for  the  two-dimensional  inlet,  the  curved  cowl 
surface  can  intercept  the  inclined  streamlines,  generated  by  the  fuselage  corner 
gradient,  more  efficiently.  In  this  view  the  cowl  can  almost  be  pictured  as  an  extension 
of  the  fuselage  corner.  Consequently,  at  this  subsonic  Mach  number  where  the  periph¬ 
eral  gradients  are  mild  this  appears  sufficient  to  eliminate  geometric  incompatibility. 

7. 5. 2. 2  Mach  Number  1. 2 

The  inlet  performance  achieved  at  this  Mach  number  reflects  the  similarity 
among  flow  fields.  The  characteristic  for  the  axisymmetric  inlet,  presented  in 
Figures  7-291  through  7-294,  is  seen  to  be  independent  of  the  fuselage  geometry. 
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Figure  7-289.  Comparison  of  Theory  and  Experiment,  Two-Dimensional  Inlet 
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Figure  7-291.  Comparison  of  Inlet  Performance,  Axisymmetric  Inlet, 
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Figure  7-292,  Comparison  of  Inlet  Performance,  Axisymmetric  Inlet 
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Figure  7-293,  Comparison  of  Inlet  Performance,  Axisymmetric  Met, 
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This  is  also  essentially  true  for  the  two-dimensional  inlet  where  the  characteristic 
canes  are  very  closely  grouped  as  shown  in  Figures  7-295  through  7-301.  The  slight 
variation  in  inlet  performance  among  the  three  fuselage/inlet  combinations,  noted 
previously  at  Mach  0.  8,  appears  again  at  this  Mach  number  with  the  fuselage  1/inlet 
combination  displaying  a  slightly  superior  characteristic. 

For  the  axisymmetric  inlet  a  comparison  of  installed  and  uninstalled  critical 
total  pressure  recovery  reveals  no  beneficial  or  detrimental  effects  attributable  to  the 
inlet  integration  process.  Tunnel  blockage  precluded  testing  the  installed  configuration 
at  angle  of  attack  above  +10°,  consequently  the  comparison  could  not  be  drawn  for  those 
higher  angles.  It  is,  however,  reasonable  to  predict  a  continuation  of  the  close  match 
of  installed  and  uninstalled  critical  total  pressure  recovery  at  the  higher  attitudes, 
particularly  in  view  of  the  fact  that  the  uninstalled  pressure  recovery  was  essentially 
constant  across  the  entire  angle  of  attack  range.  A  direct  comparison  of  installed  and 
uninstalled  total  pressure  recovery  was  not  possible  with  the  two-dimensional  inlet  due 
to  mechanical  malfunctions,  during  the  inlet  alone  tests,  that  precluded  the  attainment 
of  critica1  operation.  However,  the  critical  total  pressure  recovery  of  the  installed 
inlet  matched  the  theoretical  estimates  very  closely,  across  the  entire  angle  of  attack 
range,  thereby  permitting  the  assumption  that  a  properly  operating  uninstalled  inlet 
would  also  have  matched  closely.  Therefore,  the  indications  are  that  installation  ef¬ 
fects  do  not  exist  for  that  inlet  concept  at  this  Mach  number. 

7.  5.  2.  3  Mach  Number  1.  8 

At  this  Mach  number  the  impact  of  the  axisymmetric  inlet/fuselage  integra¬ 
tion  process  is  primarily  a  function  of  angle  of  attack  and  secondarily  a  function  of 
fuselage  geometry.  For  angles  of  attack  of  -3°  and  0°  the  aircraft  wing  is  a  non  work¬ 
ing  component  and  consequently  installed  and  uninstalled  critical  pressure  recovery 
levels  compare  very  closely.  In  addition,  the  mild  downwash  over  the  forward  portion 
of  the  fuselage  tends  to  reduce  the  probability  of  fuselage  boundary  layer  ingestion  and 
the  inlet  performance  is  dependent,  to  some  degree,  upon  the  type  of  inviscid  flow 
field  induced  by  the  fuselage  corner.  The  effect  can  be  seen  in  Figures  7-302  and 
7-303  which  present  the  characteristic  canes  for  the  axisymmetric  inlet  integrated 
with  the  three  fuselages.  The  small  rapidly  developed  corner  (fuselage  3)  induces  the 
most  nonuniform  flow  field  and  consequently  the  poorest  inlet  performance.  The  fuse¬ 
lage  flow  field  becomes  more  uniform  as  corner  radius  is  increased  and  corner 
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Figure  7-295.  Comparison  of  Inlet  Performance,  Two  Dimensional  Inlet 
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Figure  7-300,  Comparison  of  Inlet  Performance,  Two-Dimensional  Met 
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Figure  7-301.  Comparison  of  Inlet  Performance,  Two-Dimensional  Inlet, 
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Figure  7-302.  Comparison  of  Inlet  Performance,  Axisymmetric  fillet 
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Figure  7-303.  Comparison  of  Met  Performance,  Axisymmetric  Met 
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contour  development  is  made  more  gradual.  This  is  reflected  in  an  improving  inlet 
characteristic  as  the  inlet  is  integrated,  first  v/ith  fuselage  1  and  then  with  fuselage  4. 

For  the  angle  of  attack  range  between  +5C  and  20°  the  wing  provides  shielding 
for  the  inlet.  The  wing  induced  compression  flow  field  improves  the  efficiency  of  the 
inlet  diffusion  process  and  aligns  the  streamlines  approaching  the  inlet.  Consequently 
the  installed  inlet  performance  level  is  significantly  higher  than  that  achieved  with  the 
uninstalled  inlet.  At  the  two  intermediate  test  points  (a  =  +5°  and  +10°)  the  wing 
dominates  the  flow  field  and  the  integrated  inlet  performance  characteristics  are 
closely  grouped.  For  the  higher  angles  (O'  =  +15°  and  +20°)  the  geometry  dependent 
physical  compatibility  effects,  seen  at  the  previously  discussed  Mach  numbers,  re¬ 
appear  and  the  inlet/fuselage  1  combination  emerges  as  a  superior  configuration. 

At  the  very  high  angle  of  attack  (a  =  +25°)  the  wing/inlet  compression  system  has 
become  quite  inefficient,  the  installed  performance  is  relatively  poor  and  is,  in  fact, 
somewhat  lower  than  the  uninstalled  performance.  The  individual  characteristics  are 
closely  grouped.  These  comparisons  are  presented  in  Figures  7-304  through  7-308. 

The  inlet  performance  curves  for  the  two-dimensional  inlet  are  presented  in 
Figures  7-309  through  7-315.  The  two-dimensional  inlet  also  derives  a  significant 
benefit  from  the  wing  shielding,  in  the  angle  of  attack  *"mge  from  +5°  up  to  +20°. 

This  inlet  concept,  however,  responds  to  both  the  local  flow  environment  and  the 
physical  aspects  of  the  integration  process  in  a  manner  quite  different  than  did  the 
axisymmetric  inlet.  The  strong  shock  producing  horizontal  external  compression 
surfaces  have  the  inherent  capability  to  realign  the  streamlines  intercepted  by  the 
inlet.  Consequently  at  low  angles  of  attack  the  more  uniform  flow  field  induced  by 
fuselage  4  does  not  result  in  improved  inlet  total  pressure  recovery,  as  was  the  case 
with  the  axisymmetric  inlet.  On  the  other  hand  the  inlet  cowl  and  sidewall,  designed 
to  intercept  these  two-dimensional  streamlines,  are  less  compatible  with  the  radial 
type  streamlines  induced  by  the  fuselage  corner  and  the  inlet/fuselage  1  combination 
emerges  as  a  superior  configuration  at  these  angles  of  attack  as  it  did  at  the  lower 
Mach  numbers.  As  opposed  to  this  the  physical  compatibility  effect  was  not  evident, 
with  the  axisymmetric  inlet,  until  higher  angles  were  attained.  This  general  condition 
prevails  throughout  the  entire  angle  of  attack  range  with  the  fuselage  1  configuration 
consistently  showing  a  superior  characteristic,  in  terms  of  a  steeper  supercritical 
leg  and  slightly  higher  mass  flow  ratio.  The  inclined  characteristic  and  lower  mass 
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Figure  7-304.  Comparison  of  Inlet  Performance,  Axi symmetric  Inlet, 
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Figure  7-305.  Comparison  of  Inlet  Performance,  Axisyraraetric  Met 
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Figure  7-310,  Comparison  of  Inlet  Performance,  Two  Dimensional  Inlet, 
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Figure  7-311.  Comparison  of  Inlet  Performance,  Two  Dimensional  Inlet 
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Figure  7-312.  Comparison  of  Inlet  Performance,  Two-Dimensional  Inlet 
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Figure  7-315. 
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flow  ratio  of  the  other  two  configurations  can  be  traced  to  fuselage  boundary  layer 
ingestion  due  to  physical  incompatibility,  as  described  previously.  An  examination 
of  the  attendant  engine  face  profiles  tends  to  bear  this  out  in  that  the  profile  for  the 
fuselage  1  configuration  remains  radial  throughout  this  angle  of  attack  range  while 
the  profiles  for  the  fuselage  3  and  4  configurations  are  of  the  circumferential  type 
with  low  pressure  regions  occupying  the  inboard  and  upper  portions  of  the  engine 
face.  At  the  extremely  high  angle  of  attack  (a  =  +25°)  the  inlet  is  sensitive  to  the 
uniformity  of  the  approaching  flow  field  in  that  the  more  uniform  flow  field  generated 
by  fuselage  4  does  result  in  a  higher  level  of  inlet  performance  for  that  configuration. 

It  is  pointed  out,  however,  that  the  general  level  of  performance  at  this  condition  is 
quite  low. 

7.  5. 2. 4  Mach  Number  2.  2 

At  "his  Mach  number  the  flow  field  characteristics  are  essentially  the  same 
as  those  seen  at  Mach  1.8.  In  addition,  the  influence  of  fuselage  geometry  upon  in¬ 
stalled  inlet  performance,  for  both  the  axisymmetric  and  the  two-dimensional  inlets, 
is  also  similar  to  that  seen  at  Mach  1.  8.  These  comparison  curves  are  presented  in 
Figures  7-316  through  7-329. 

A  new  effect  of  the  Integration  process  appears  at  this  Mach  number  that  is 
related  to  the  inlet  concept  employed.  For  the  two  dimensional  inlet,  a  comparison 
of  the  installed  and  uninstalled  inlet  total  pressure  recovery  indicates  that  the  inlet 
benefits  from  the  shielding  provided  by  the  wing,  as  was  the  case  at  Mach  1.  8.  The 
same  comparison,  made  for  the  axisymmetric  inlet  reveals  a  common  performance 
level  for  the  inletbolh  installed  and  uninstalled  thereby  indicating  -bat  the  wing  is  no 
longer  providing  beneficial  shielding  for  the  inlet.  In  fact  these  comparisons  serve 
to  illustrate  the  sensitivity  of  these  two  inlet  concepts  to  the  relatively  high  sidewash 
present  at  the  under  wing  inlet  station.  For  the  two-dimensional  inlet,  the  sidewash 
produces  an  effect  that  is  equivalent  to  presenting  the  flow  to  an  initial  inlet  compres¬ 
sion  ramp  that  is  slightly  swept.  The  slight  reduction  in  flow  compression  thereby 
induced  is  less  than  the  wing  generated  compression  and  consequently  the  inlet  per¬ 
formance  improves  when  the  inlet  is  installed.  In  the  case  of  the  axisymmetric  inlet 
the  sidewash  serves  to  reduce  the  effective  cone  angle  of  the  initial  inlet  compression 
surface  and  thereby  reduces  the  amount  of  inlet  external  compression.  This  reduction 
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Figure  7-317.  Comparison  of  Inlet  Performance,  Axisymmetric  Inlet, 

2.2,  O!  85  0° 


UNCLASSIFIED 


UNCLASSIFIED 


UNCLASSIFIED 


Inlet  Total  Pressure  Recovery  ~  P  /P. 


UNCLASSIFIED 


Figure  7-319.  Comparison  of  Met  Performance,  Axisymmetric  Inlet 
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Figure  7-320.  Comparison  of  Inlet  Performance,  Axisymmetric  Inlet 
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Figure  7-321,  Comparison  of  Inlet  Performance,  Axisymmetric  ’nlet 
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Figure  7-322.  Comparison  of  Inlet  Performance,  Axisymmetric  Inlet 
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Figure  7-323.  Comparison  of  Inlet  Performance,  Two-Dimensional  Inlet 
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Figure  7-324.  Comparison  of  Inlet  i^rformance,  Two-Dimensional  Inlet 

M  =  2.2,  a  =  0° 


UNCLASSIFIED 


UNCLASSIFIED 


UNCLASSIFIED 


c 


i 

l 


C 


Figure  7-326.  Comparison  of  Inlet  Per  formal 
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Figure  7-327,  Comparison  of  Inlet  Performance,  Two-Dimensional  Inlet 
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Figure  7-328.  Comparison  of  Inlet  Performance,  Two-Dimensional  Inlet 
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Figure  7-329.  Comparison  of  Inlet  Performance,  Two-Dimensional  Inlet 

M  =  2.2,  a  =  25° 
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m  effective  cone  angle  varies  around  the  periphery  of  the  conical  surface,  being 
minimal  near  the  fuselage  and  maximum  for  that  section  immediately  under  the  wing. 
For  this  Mach  number,  the  reduction  in  inlet  compression  appears  to  be  roughly  equal 
to  the  added  compression  generated  by  the  wing  and  consequently  the  installed  and  un¬ 
installed  total  pressure  recovery  levels  are  similar.  We  can  project  that  a  two-dim¬ 
ensional  inlet  with  vertically  mounted  compression  surfaces  would  perform  in  a 
fashion  similar  to  the  axi  symmetric  inlet. 

5.  2.  5  'Tnch  Number  2 . 5 

There  are  no  new  effects  evident  at  this  Mach  number  and  the  flow  fields 
appear  similar  to  those  obtained  at  lower  Mach  numbers.  Unfortunately  the  uninstalled 
inlet  performance  level  is  sufficiently  low  to  wash  out  any  fuselage  induced  effects 
upon  inlet  performance.  As  a  result  the  installed  inlet  characteri sties  do  not  display 
ihe  angle  of  attack  and  geometry  dependent  effects  seen  at  previously  discussed  Mach 
numbers.  The  inlet  characteristics,  presented  in  Figures  7-330  through  7-342,  are 
very  closely  grouped.  However,  a  comparison  of  installed  and  uninstalled  total  pres¬ 
sure  recovery  does  indicate  a  continued  improvement,  attributable  to  the  under  wing 
location,  for  the  two-dimensional  inlet  particularly  for  the  angle  of  attack  range 
between  +5°  and  +15°.  It  is  also  evident  from  this  comparison  that  the  inlet/fuselpge 
1  configuration  benefits  most,  a  condition  noted  at  lower  Mach  numbers. 

7.  5.  3  Wing  Effects 

In  addition  to  the  evaluation  of  fuselage  geometry  effects,  an  investigation  of 
the  impact  of  wing  sweep  upon  both  flow  field  composition  and  inlet  performance  was 
made.  The  tests,  designed  to  isolate  the  wing  influence,  fixed  all  of  the  other  geo¬ 
metric  components.  The  vehicle  configuration  was  built  up  with  the  primary  nose  and 
canopy,  fuselage  configuration  3,  and  the  two-dimensional  inlet.  The  primary  wing 
sweep  of  55°  and  the  secondary  wing  sweep  of  65°  were  tested  in  conjunction  with  this 
vehicle  configuration  and  the  results  were  compared. 

For  Mach  0.  8  the  inlet  total  pressure  recovery  is  quite  high,  consequently 
the  effect  of  wing  sweep  does  not  affect  this  performance  parameter.  With  increasing 
angle. of  attack  the  mass  flow  ratio  shift  due  to  the  different  capture  area  associated 
with  each  wing  becomes  evident  as  the  inlet  installed  with  the  55"  wing  operates  at  a 
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Figure  7-332.  Comparison  of  Inlet  Performance,  Axisymmetric  Inlet 
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Figure  7-336.  Comparison  of  Inlet  Performance,  Two-Dimensional  Inlet 

M  =  2.5,  *=-3° 

00 


UNCLASSIFIED 


UNCLASSIFIED 


f 


.5  .6  .7  .6  .9 


Inlet  Mass  Flow  Ratio  ~  m/m 

cc 


Figure  7-337.  Comparison  of  Inlet  Performance,  Two-Dimensional  Inlet 
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Figure  7-338.  Comparison  of  Inlet  Performance,  Two  Dimensional  Inlet 
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Figure  7-339.  Comparison  of  Inlet  Performance,  Two  Dimensional  Inlet 
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Figure  7-341.  Comparison  of  Inlet  Performance,  Two-Dimensional  Inlet 
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Figure  7-342.  Comparison  of  Inlet  Performance,  Two-  Dimensional  Inlet 
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higher  mass  flow  ratio.  These  effects  can  be  seen  in  Figures  7-343  through  7-349, 
presenting  a  comparison  of  inlet  performance  at  this  Mach  number. 

For  Mach  1. 2  the  inlet  performance  varies  in  the  same  manner  as  was 
seen  at  Mach  0.  8.  The  inlet  performance  for  this  Mach  number  is  compared  in  Figures 
7-350  through  7-353.  Tunnel  blockage  prevented  testing  the  65°  wing  configuration 
above  an  angle  of  attack  of  +10°.  Consequently  comparison  curves  are  limited  to  +10° 
angle  of  attack  and  below.  However,  it  is  reasonable  to  expect  that  the  trend 
evident  at  Mach  0.  8  would  again  appear  at  Mach  1. 2. 

With  an  increase  to  Mach  1.8,  the  wing  efficiency  begins  to  affect  installed 
inlet  total  pressure  recovery  as  a  function  of  angle  of  attack.  For  a  negative  angle 
of  attack  (a  -  -3°)  neither  wing  is  a  working  component  and  the  installed  inlet  char¬ 
acteristics  are  very  similar,  as  shown  in  Figure  7-354.  With  angle  of  attack  increased 
to  zero  degrees  the  more  efficient  65°  wing  results  in  a  higher  installed  inlet  recovery 
level.  A  further  increase  in  angle  c  '  attack,  at  this  free  Mach  number,  produces  a 
local  Mach  number  approaching  the  terminal  shock  that  approximates  Mach  1.0. 
Consequently  the  effect  of  wing  geometry  induced  compression,  upon  the  strength  of 
the  terminal  shock,  disappears  and  the  performance  level  with  both  wings  is  essentially 
the  same.  This  can  be  seen  in  Figures  7-355  through  7-359,  presenting  the  perform¬ 
ance  comparison  for  the  angle  of  attack  range  between  +!?  and  +20° 

For  Mach  2.2  and  low  angle  of  attack  (Of  =  -3°)  the  relative  installed  per¬ 
formance  is  similar  to  that  seen  at  Mach  1.  8.  It  is  pointed  out,  however,  that  the 
performance  level  Is  rather  low,  by  design,  at  these  two  test  conditions  as  presented 
in  Figures  7-360  and  7-361.  For  this  Mach  number  the  inlet  has  an  unbalanced  N  =  3 
shock  structure  with  a  strong  terminal  shock  wave.  The  addition  of  the  wing,  modifies 
the  compression  process  to  a  N  =  4  system.  The  wing  compression  is  weak  at  these 
attitudes  and  changes  the  shock  system  balance  only  slightly.  However,  the  difference 
in  wing  efficiency  can  still  be  seen  in  the  total  pressure  recovery  level.  With  angle 
of  attack  increased  further  the  wing  becomes  a  strong  working  member  that  produces 
a  reduced  terminal  shock  strength.  This  favorable  shift  toward  a  more  balanced 
shock  structure  results  in  an  increased  level  of  total  pressure  recovery.  For  the 
subject  configuration,  the  55°  wing  provides  more  compression  of  the  flow  and  a 
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Two-Dimensional  Inlet 
(Fuselage  3) 
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Inlet  Mass  Flow  Ratio  ~  m/m 


Figure  7-346.  Comparison  of  Inlet  Performance,  Wing  Effects 

MB8=  0.  8,  «  -  10° 
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Two-Dimensional  Inlet 
(Fuselage  3) 
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Figure  7-348.  Comparison  of  Inlet  Performance,  Wing  Effects 

M„=0.8,  a  ~  20° 
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Two-Dimensional  Inlet 
(Fuselage  3) 
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Inlet  Mass  Flow  Ratio  ~  m/m® 


Figure  7-350.  Comparison  of  Inlet  Performance,  Wing  Effects 

1^=1. 2,  a  =  -3' 
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Two-Dimensional  Inlet 
(Fuselage  3) 
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F.gure  7-353.  Comparison  of  Inlet  Performance,  Wing  Effects 

Mw=  1.2,  a  =  10° 
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Two-Dimensional  Inlet 
(Fuselage  3) 


Figure  7-356.  Comparison  of  Inlet  Performance,  Wing  Effects 

Mw=  1.8,  a  =  5° 
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Two-Dimensional  Inlet 
(Fuselage  3) 
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Figure  7-357.  Comparison  of  Inlet  Performance,  Wing  Effects 

MB=  1.8,  a  =  10° 
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Two-Dimensional  Inlet 
(Fuselage  3) 


Inlet  Mass  Flow  Ratio  ~  m/m^ 

Figure  7-358.  Comparison  of  Inlet  Performance,  Wing  Effects 

M  =  1.8,  a  =  15° 
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Two-Dimensional  Inlet 
(Fuselage  3) 


Figure  7-359.  Comparison  of  Inlet  Performance,  Wing  Effects 

M  =  1.8,  a  =  20° 
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relatively  weaker  terminal  shock.  The  gain  in  total  pressure  recovery  across  this 
weaker  terminal  shock  more  than  offsets  the  lower  efficiency  of  the  wing  compres¬ 
sion  process  and  the  55°  configuration  emerges  with  a  higher  performance  level 
across  this  angle  of  attack  range.  This  is  presented  in  Figures  7-362  through  7-365. 

At  Mach  2.  5  the  inherent  inlet  performance  is  quite  low.  The  addition  of 
either  wing  tends  to  improve  this  performance  level,  over  that  attained  with  the 
isolated  inlet.  Generally,  those  effects  seen  at  Mach  2.  2  appear  again  at  this  Mach 
number.  The  comparison  is  presented  for  this  *  ch  number  in  Figures  7-366 
through  7-371. 

7.6  Probe  Interference  Effects 

A  prime  model  design  requirement  was  to  minimize  the  influence  e*  rted 
by  the  flow  field  probes  upon  the  local  flow  environment.  In  this  regard,  the  objec¬ 
tive  was  to  avoid  the  introduction  of  probe  induced  interference  effects  both  between 
adjacent  probes  and/or  due  to  the  proximity  of  a  probe  to  fuselage  and  wing  surfaces. 
The  prerequisites  to  satisfying  this  objective  were, 

•  Selection  of  the  smallest  probe  diameter  and  included  cone 
angle,  consistent  with  acceptable  manufacturing  tolerance  and 
pressure  lag  times 

•  Selection  of  a  spacing  between  probes  sufficiently  large  to  pre¬ 
clude  mutual  interference,  constrained  however,  by  the  desirability 
of  obtaining  an  extensive  documertation  of  the  flow  field  without 
excessive  travel  and  size  of  the  drive  mechanism 

The  possibility  of  obtaining  poor  test  data,  as  a  result  of  probe  induced 
interference,  justified  an  experimental  determination  of  both  probe  size  and  spacing. 
To  select  the  probe  characteristics  a  design  and  calibration  test  program  was  con¬ 
ducted  in  the  NASA  -  Ames  2  Foot  Tunnel,  covering  the  Mach  number  range  between 
0.6  and  1.4.  Parameters  such  as  cone  included  angle,  probe  diameter,  orifice  size, 
probe  spacing,  pneumatic  tube  length  and  diameter  were  evaluated  during  this  study. 
The  test  program  involved  the  calibration  of  four  conical  pitot-static  probes,  two 
.  125  inch  diameter  probes  with  a  30°  and  a  40°  included  cone  angle,  and  two  .25  inch 
diameter  probes  with  a  30°  and  a  40°  included  cone  angle. 
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Figure  7-369.  Comparison  of  Inlet  Performance,  Wing  Effects 

M  =  2.5,  a  =  10° 
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During  the  test  program  the  probes  were  tested  individually  to  establish  their 
characteristics,  as  a  function  of  Mach  number  and  pitch  angle.  In  addition,  each  was 
tested  in  conjunction  with  a  dummy  probe  of  identical  external  geometry.  During 
these  latter  tests  the  spacing  between  the  two  probes  was  varied  to  establish  the 
minimum  spacing  before  the  onset  of  interference. 

The  test  results  lead  to  selection  of  a  0. 125  inch  diameter  probe  with  an 
included  cone  angle  of  40°.  The  bases  for  selection  were  1)  pressure  settling  times 
compatible  with  the  proposed  test  facility  recording  capability  and  2)  good  manufac¬ 
turing  tolerances.  It  was  found  that  a  reduction  in  cone  included  angle  from  40°  to 
30°,  for  a  0.125  end  probe  diameter,  introduced  manufacturing  difficulty,  particularly 
in  properly  locating  the  four  static  taps  for  each  probe  on  the  conical  surface.  For 
the  selected  probe  configuration,  spacing  distances  as  small  as  0.4”  were  tested 
without  the  appearance  of  interference  effects.  However,  the  integration  of  spacing 
distance,  probe  travel,  and  survey  grid  size  resulted  in  the  selection  of  a  probe 
spacing  equal  to  1.4  inches.  This  represented  a  very  conservative  spacing,  in  terms 
of  avoiding  probe-probe  interference.  The  test  results  did  permit  a  decision  to  position 
the  probes  as  close  as  0.4  inches  from  fuselage  and  wing  surfaces  during  surveys  of 
the  local  flow  field. 

During  the  fuselage  test  program  the  two  vertical  static  taps  of  the  probe 
closest  to  the  fuselage  were  equipped  with  a  pressure  differential  transducer.  A 
visual  readout  was  employed  to  monitor  probe  pitch  angle.  The  availability  of  this 
readout  also  provided  a  means  of  determining  the  introduction  of  unusual  effects,  as 
the  probes  converged  on  the  fuselage  and/or  wing  surfaces.  No  unusual  effects  were 
observed  during  the  test  program. 

A  final  deterrm  '.ation  of  interference  level  was  made  by  comparing  fuselage 
and  wing  static  pressure  distributions  up  to  both  the  forward  and  aft  survey  stations 
as  a  function  of  probe  proximity.  There  comparisons  were  made  at  the  two  test 
Mach  numbers  most  susceptible  to  interference  namely  0.8  and  1.2,  for  both  a 
small  corner  radius  fuselage  (#1)  and  a  large  corner  radius  iu  ’lage  (#2/,  across 
a  wide  angle  of  attack  range,  for  2  probe  distances  from  the  surface.  In  all  cases 
the  maximum  deviation  in  local  pres  -are ,  as  a  result  of  changing  probe  distance, 
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was  less  than  one  percent.  Further,  the  distributions  seen  were  typical  of  the 
geometry  Mach  number  conditions.  Figures  7-372  through  7-376  depict  this  in¬ 
sensitivity  to  probe  distance. 

As  a  result  of  the  design  approach  employed  and  the  data  subsequently  obtained 
it  was  concluded  that  the  level  of  probe  induced  interference  was  negligible. 
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Angle  of  Attack  ~  a  ~  Deg. 


Figure  7-372.  Wing  Surface  Pressure  Ratio  Probe  Effect 
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Fuselage  Surface  Static  Pressure.  Distribution  in  the  Presence  of  the  Probe 


Figure  7-374 
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Fuselage  Surface  Static  Pressure  Distribution  in  the  Presence  of  the  Probe 


» 


UNCLASSIFIED 


552 


Longitudinal  Distance  ~  X  ~  Inch 


UNCLASSIFIED 


SECTION  vrn 
CONCLUSIONS 

The  local  flow  environment  induced  by  the  geometric  characteristics  of  a 
highly  maneuverable  tactical  aircraft  and  the  impact  these  flow  fields  have  upon 
integrated  induction  system  performance  are  important  considerations  in  the  air¬ 
craft  design  process.  It  has  been  found  that  the  influence  of  vehicle  geometry  upon 
performance  is  a  function  of  flight  condition,  inlet  concept  and  installation  location. 

It  is,  of  course,  true  that  the  generalization  of  specific  experimental  data 
is  the  product  of  a  particular  interpretation.  However,  when  utilized  with  the  test 
data  these  interpretations  can  provide  valuable  insight.  The  objective  of  this  sec¬ 
tion  is  to  present  a  general  summary  of  the  major  conclusions  reached  during 
the  program. 

Vehicle  Characteristics 

A  statistical  sampling  of  the  geometric  characteristics  of  39  tactical  air¬ 
craft  indicated  that  similar  mission  requirements  and  subsystem  design  criteria 
lead  to  a  similarity  in  the  approach  to  the  design  of  vehicle  component  geometry. 
This  was  particularly  evident  for  the  advanced  systems  analyzed  for  which  perform¬ 
ance  goals  and  subsystem  design  criteria  were  rigorously  specified.  With  the 
statistics  clearly  indicating  representative  geometric  characteristics  a  strong 
foundation  was  provided  upon  which  to  base  the  selection  of  comnonents  for  experi¬ 
mental  investigation. 

Analyses 

The  basic  reference  plane  technique  employed  to  estimate  the  vehicle 
induced  flow  fields  provided  reasonable  preliminary  design  estimates  at  low  vehicle 
angles  of  attack.  However,  for  angles  of  attack  above  approximately  10°,  where  the 
cross  flow  gradients  become  significant,  the  method  proved  unacceptable.  Based 
upon  the  comparison  of  theory  and  experiment,  a  semi-empirical  modification  to  the 
analytical  technique  was  developed  that  yielded  significantly  improved  estimates  of 
the  flow  field  characteristics.  In  addition,  an  exact  reference  plane  technique  was 
developed.  The  estimates  obtained  using  this  method  proved  quite  good  across  the 
entire  angle  of  attack  range . 
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Two  classical  inlet  concepts  were  designed  and  tested  during  the  program. 
Conventional  design  techniques  were  used  to  select  the  inlet  geometry  and  predict 
the  performance  levels  of  these  inlets.  A  comparison  of  the  isolated  inlet  test  data 
with  the  predicted  inlet  performance  indicated  that  these  straightforward  computa¬ 
tional  procedures  generate  excellent  estimates  of  inlet  performance  across  most  of 
the  operating  spectrum.  Correlation  of  inlet  total  pressure  recovery  decreased  with 
the  onset  of  inlet  oblique  shock  detachment.  The  application  of  a  sonic  wedge  cor¬ 
rection  proved  successful  in  improving  the  agreement  in  this  regime.  The  correla¬ 
tion  of  inlet  mass  flow  ratio  decreased  as  a  function  of  shock  off  lip  operation  due 
to  the  curvature  of  the  boundary  slipline,  particularly  with  the  axisymmetric  inlet 
system.  An  improvement  in  agreement  can  be  obtained  with  a  technique  to  average 
the  thermodynamic  properties  across  that  portion  of  the  inviscid  shock  layer  ingested. 

Nose,  Canopy,  and  Wing  Effects 

For  the  forward  fuselage  station  surveyed  (30%  of  the  overall  aircraft  length) 
variations  in  nose  and  canopy  geometry  induced  variations  in  the  attendant  flow  field. 
The  influence  of  these  components  upon  the  composition  of  the  flow  field  was  found 
to  be  a  function  of  the  nose  shape  and  the  canopy  shape  and  frontal  area.  For  the  aft 
fuselage  station  surveyed  (50%  of  the  overall  aircraft  length)  the  presence  of  the 
wing  did  influence  the  composition  of  the  local  flow  field.  The  level  of  this  influence 
increased  directly  with  angle  of  attack.  However,  a  variation  in  wing  sweep  did  not 
produce  an  appreciable  change  in  the  local  flow  field  composition. 

The  impact  of  these  geometry  induced  variations  in  the  flow  field  upon 
inlet  performance  was  found  to  be  a  direct  function  of  Mach  number  and  inlet  shock 
system  balance.  At  subsonic  and  transonic  Mach  numbers  the  inherent  total  pressure 
recovery  is  quite  high  and  the  inlet  is  insensitive  to  small  variations  in  the  flow  field. 
Additionally,  the  inlet  throat  is  essentially  choked  at  these  conditions,  making  the 
inlet  mass  flow  limited.  Therefore,  variations  in  approaching  streamline  angularity 
serving  to  increase  or  decrease  the  inlet  capture  area  do  not  produce  a  change  in 
ingested  mass  flow.  However,  at  the  supersonic  conditions  the  inlet  throat  is 
operating  unchoked  and  variations  in  the  approaching  flow  do  produce  variations  in 
ingested  mass  flow  and  total  pressure  recovery.  These  variations  are  a  function 
of  the  effect  that  the  precompression  induced  by  these  components  has  upon  the  inlet 
shock  structure.  For  those  test  conditions  where  the  inlet  shock  system  is  unbalanced 
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the  additional  compression  offered  by  a  blunter  nose,  larger  canopy  and/or  lower 
wing  sweep,  tends  to  improve  inlet  performance.  Conversely,  with  a  balanced  inlet 
shock  system  the  lower  drag  of  a  finer  nose,  smaller  canopy,  and/or  higher  wing 
sweep  is  preferable  to  the  insignificant  inlet  performance  gains.  Additionally, 
factors  such  as  nose  droop  and  canopy  location  provide  an  aerodynamic  means  for 
inhibiting  variations  in  the  local  flow  environment  during  an  angle  of  attack  excursion. 
The  wing,  of  course,  provides  a  physical  constraint  upon  the  flow  and  in  effect  adds 
an  additional  compression  ramp  to  the  flow  diffusion  process.  The  work  and  efficiency 
of  this  additional  ramp  are  functions  of  angle  of  attack.  The  potential  improvement 
in  performance  offered  by  the  inclusion  of  an  additional  compression  surface  is  a 
function  of  Mach  number  and  the  basic  inlet  design.  For  the  two  inlet  concepts 
tested,  both  of  which  were  N  =  3  systems,  the  addition  of  the  wing  produced  perform¬ 
ance  gains  above  a  free  stream  Mach  number  of  1.  8. 

Fuselage  Corner  Effects 

A  negative  vehicle  angle  of  attack  produces  a  downwasli  flow  field  at  the 
forward  fuselage  station.  The  negative  magnitude  of  this  downwash  increases  directly 
with  fuselage  corner  radius.  Conversely,  a  positive  vehicle  angle  of  attack  results 
on  an  upwash  flow  field.  For  this  case  the  magnitude  of  the  upwash  increases  in¬ 
versely  with  fuselage  corner  radius. 

At  the  aft  fuselage  station  the  wing  dictates  flow  field  angularity  and  the  flow 
fields  of  all  fuselages  appear  similar.  However,  the  level  of  flow  field  sidewash 
is  a  function  of  fuselage  corner  radius,  becoming  more  negative  with  increasing 
fuselage  corner  radius. 

Performance  of  the  two-dimensional  inlet,  installed  at  the  forward  fuselage 
station,  improved  directly  with  increasing  corner  radius  and  gentleness  of  corner 
development  as  a  result  of  the  more  uniform  flow  field  Induced  by  these  larger 
corner  configurations. 

At  the  aft  fuselage  station  the  wing  directs  the  fuselage  boundary  layer 
toward  the  inlet.  The  physical  compatibility  of  fuselage  and  inlet  and  the  resultant 
fuselage  boundary  layer  diverter  become  prime  factors  dictating  the  selection  of  a 
small  fuselage  corner  radius  with  a  gentle  corner  development  as  best  for  inlet 
performance. 
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Figure  A-l.  Sirveyed  Aircraft  Configurations 
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Figure  A-l,  Continued.  Surveyed  Aircraft  Configurations 
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Figure  A-l,  Continued.  Surveyed  Aircraft  Configurations 
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Figure  A-l.  —a.  Surveyed  Aircraft  Colons 
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Figure  A-l,  Continued.  Surveyed  Aircraft  Configurations 
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Figure  A-4.  Foreign  Tactical  Aircraft  Review  summary  Nose  Geometric  Characteristics 
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Figure  A-6.  Recent  Tactical  Aircraft  Review  Summary  Canopy  Geometric  Characteristics 
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Figure  A -11.  Advanced  Tactical  Aircraft  Review  Summary 


Aircraft  Aspect  Wing /Fuselage  Juncture  Location 

Designation  Ratio  Wing  Sweep  Longitudinal  I  C >eumferential 
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Figure  A-12.  Recent  Tactical  Aircraft  Review  Summary 

Wing  Geometric  Characteristics 


Aircraft  Aspect  Wing/Fuselage  Juncture  Location 

Designation _ Ratio _ Wing  Sweep _ Longitudinal _ Circumferential 
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